ABSTRACT

AARON ANTHONY CUSHER. Ideal Lift Distributions and Flap Settings for
Adaptive Tailless Aircraft. (Under the direction of Dr. Ashok Gopalarathnam.)

With ever increasing maturity in the field of subsonic aircraft design, there
exists the desire to tailor the performance of an aircraft to suit specific flight con-
ditions. This has led to several adaptive-wing approaches which seek to improve
aircraft performance by changing the wing shape in flight, resulting in drag reduc-
tion. One such adaptive-wing approach that has gained considerable popularity
is the use of multiple spanwise trailing-edge flaps which are used to optimally
distribute the lift of the wing such that drag is minimized. Recent research has
been conducted utilizing such a technique applied to an aircraft with a wing-tail
configuration and discussed the need to extend these methods to tailless, or all-
wing, aircraft, thereby improving design possibilities to include unconventional
configurations. The current work explores tailless aircraft configurations which
utilize multiple trailing-edge flaps for the purpose of wing adaptation and drag
reduction.

As with all tailless aircraft design, the trailing-edge flap settings, and thus wing
lift distribution, must be solved while satisfying a longitudinal-pitching-moment
constraint in order to ensure longitudinal stability and trim. This is due to the
lack of a secondary horizontal surface, such as a tail or canard, which is typically
used for stability and trim purposes. The current work implements a numerical
approach which was developed to solve for the optimal flap scheduling of a wing
with multiple trailing-edge flaps for various flight conditions. Theory presented
by R.T. Jones was used as a starting point to solve for the target lift distribution
resulting in minimized induced drag with a pitching moment constraint. Also
utilized were the ideas of basic and additional lift, as well as thin airfoil theory
relations in order to reduce both induced and profile drag by the redistribution
of wing lift along its span. The cases were solved with longitudinal trim and lift
constraints. The results were presented for planar, tapered wings with multiple
quarter-chord sweep angles as well as multiple airfoil sections in order to verify

the theory and gain insight into design capabilities and trends. It has been shown



by these results that such adaptive wing methods are applicable and beneficial to
tailless aircraft configurations, as reductions in both induced and profile drag have
been achieved. In addition, the method is successful for achieving longitudinal
trim, and was explored successfully for multiple static margins in order to test the

consequence of different longitudinal stability considerations.
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Nomenclature

Ap, A1 coefficients of Fourier series

A, B,C, D constants used in defining normalwash distribution
ac aerodynamic center

AR  wing aspect ratio

b wingspan

c mean aerodynamic chord
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Cy airfoil drag coefficient

cg center of gravity

Cr aircraft lift coefficient

C airfoil lift coefficient

Cr, aircraft lift coefficient for zero o

C), additional lift coefficient

Clq1  additional lift coefficient defined at C7, of one

Cip  Dbasic lift coefficient

Clb,camper basic lift coefficient due to airfoil camber

Civ,f1ap basic lift coefficient due to flap deflection

Ciptwist basic lift coefficient due to wing twist

Cp, zero-lift airfoil pitching moment

Cp,. airfoil pitching moment coefficient about the aerodynamic center

(C’Man)b _aircraft pitching moment coefficient about the aerodynamic center
asiC

resulting from the basic lift distribution

X



Cheg aircraft pitching moment coefficient about the center of gravity

(C’MM) § aircraft pitching moment coefficient about the aerodynamic center
sections
resulting from the airfoil sections

C,  airfoil pressure coefficient

c(y) spanwise chord distribution

I influence coefficient matrix of size n x n
l elemental area of additional lift

LDR low drag range

LHS left hand side

NLF natural laminar flow

N number of flaps per half span of wing
RHS right hand side

S wing area

SM  static margin

TAT thin airfoil theory

TE  trailing edge

UAV unmanned aerial vehicle

w aircraft weight

w normalwash/downwash in the Trefftz-plane

w vector containing the n Trefftz-plane normalwash values
X4 longitudinal location of the aerodynamic center

X longitudinal location of the center of gravity

Y,. lateral location of the aerodynamic center

a angle of attack

Of flap angle
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r bound vorticity strength

v local circulation as described by TAT

r vector of the n bound-vortex strengths
A quarter-chord sweep angle

0f angular location of flap hinge in radians
Subscripts

desired desired condition
/ flap

tdeal ideal condition
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Chapter 1

Introduction

As part of an on-going research effort on adaptive wing technology, this thesis
describes work that was focused on determining ideal flap angles and lift distribu-
tions on adaptive wings for longitudinally-stable tailless aircraft that are required
to satisfy a given longitudinal trim constraint.

Recent research! has been conducted on the use of a multiple trailing-edge (TE)
cruise flaps distributed across a wing span with the goal of achieving optimal lift
distributions, and thus reduced drag. In that effort, there was no constraint on
the longitudinal trim, as it was assumed that the wing was the primary lifting
surface on a wing-tail aircraft configuration and that the horizontal tail would
be used for trimming the airplane. Modern aircraft usage and design has shown
that other configurations have gained popularity, and should be considered viable
options for future aircraft design. One such configuration is the tailless aircraft.
With the removal of the horizontal tail, however, the direct ability to trim the
aircraft is lost, forcing the focus of trim to proper wing design. Thus, in designing
an adaptive wing to reduce drag for use on a tailless aircraft, lift distributions
must be described that satisfy the trim constraint in addition to achieving low
drag, which was the focus of this work.

Presented in Sec. 1.1 is background information pertaining to tailless aircraft

and their benefits. Next, Sec. 1.2 describes multiple spanwise trailing-edge flaps,



and the use of adaptive wing technology for the reduction of drag. Lastly, a brief

outline of the thesis is provided in Sec. 1.3.

1.1 Tailless Aircraft

Over the past 100 years, although most aircraft have been designed with a wing
(as the primary lifting surface) and an aft tail (for stability and trim), there
have been several unconventional configurations. Tailless aircraft are examples of
unconventional configurations. Throughout this thesis, the term “tailless aircraft”
will be used to describe those aircraft that are designed with only one main lifting
surface, that being the wing, which is responsible for producing the aircraft’s lift
and also contains all control surfaces providing static and dynamic stability. These
aircraft are sometimes referred to as flying wings, blended-wing bodies, or all-wing
aircraft. The more conventional two horizontal element designs, as indicated by
the vast majority of commercial aircraft, will be referred to as “tailed aircraft.”
However modest, tailless aircraft configurations have found popularity along
side tailed configurations in particular applications. These applications include
sailplanes and gliders, light airplanes, unmanned aerial vehicles (UAV), high-speed
military planes, supersonic airliners, and hypersonic re-entry vehicles.? One need
not look any further than the Northrup B-2 “stealth”-bomber in order to get a
sense of the potential that future tailless designs hold. And because only one
lifting surface is used, it has often been proposed that drag benefits should be
realized and design costs kept lower when implementing a tailless design verses
a comparable tailed design.? Despite these positives, tailless configurations have
seen limited use in general aviation and commercial aircraft design, most likely due
to inherent complexity in the aerodynamic design of tailless aircraft and perhaps

also due to the overwhelming history of tailed-aircraft use, giving indication of



the need for the advancement in tailless design technology.

One hindrance to the development of tailless aircraft is the idea that these air-
craft present difficulty for achieving longitudinal stability and trim, as pointed out
by Kroo.* With seemingly limitless parameters used in modern aircraft design,
including wing and tail geometry variables, engine size, and operational parame-
ters for several flight conditions, it is understandable that the conservative tailed
design has stood the test of time as it satisfies trim with little optimization nec-
essary.” However, analysis by Kroo has shown that the removal of an aircraft’s
tail can result in aircraft gross weight, fuel consumption, and direct operating
cost reduction when compared to similar tailed configurations.® And further, by
employing the design philosophy of Reimar and Walter Horten of Germany that
has the lift at the wing tips nearly zero and utilizes twist to push much of the
lift inboard, a tailless aircraft that is very stable longitudinally is possible.? In
fact, this method describes the classic bell-shaped lift distribution that is typical
of successful designs employed on modern tailless aircraft.

Although tailless aircraft have found most favor with UAV and military ap-
plications, there is evidence that such a configuration may one day be utilized by
the commercial airline industry. The Boeing Company, in a joint venture with
NASA, has recently been exploring a “blended-wing-body” (BWB) concept that
has shown preliminary improvements in airliner efficiency.® Boeing studies have
shown 15% reduction in sized take-off weight, 20% improvement in L/D, 27%
reduction in fuel usage, 27% lower thrust, and 12% lower operating empty weight
when compared to a similar tailed design.® The design has a large delta-shaped
wing/fuselage center section which accommodates a two-story passenger cabin.
A conceptual sketch of this vehicle is provided in Fig. 1.1. Such a design leads
to reductions in root bending moments stresses, as the fuselage is largely incor-

porated in the wing section. It seems that this a design most suited for a very



large airliner, however negatives such as a large, windowless cabin may lead to

passenger discomfort, and need to be addressed.

T
- :

Figure 1.1: Blended-wing-body (BWB) airliner concept (courtesy NASA).

The use of adaptive wing technology on tailless aircrafts is not a new concept,
as examples exist readily in nature in the form of birds, butterflies, and insects.
Many of these animals possess excellent flying characteristics despite the fact
that they have little or no tails, and might be viewed as models for man-made
tailless aircraft. Further, it has been viewed that although some birds do possess
a horizontal tail, the tail has virtually no stabilizing effect and hence is not a
stabilizing instrument.? This concept is different from that used by tailed aircraft,
thus making adaptive tailless aircraft closer to birds then their tailed counterparts.
Other examples of tailless aircraft in nature are certain varieties of seeds, notably

the Zanonia seed,? which grow wings that surround their seed, placing the seed,



and thus the center of gravity, in an optimal location for gliding. These shapes
have been implemented on aircraft such as hang-gliders, where the center of gravity
shift provides control, leading to the existence of no control surfaces, and directly
to an adaptive concept. This thesis will explore similar adaptive tailless aircraft
designs, focusing on the use of multiple trailing edge flaps for minimizing drag

while achieving longitudinal trim.

1.2 Multiple Trailing-Edge Flaps and Adaptive
Wings

Historically, wing design has focused on rigid, inflexible shapes that are tailored
to the specific flight conditions for which the airplane is designed. As an example,
a typical commercial airliner maintains the same wing configuration throughout
the majority of its flight despite changing conditions such as weight reduction due
to the burning of fuel. In fact, the primary method, and often solitary method,
of wing adaptation employed today is the use of high-lift devices for take-off and
landing procedures, which account for a minuscule amount of the flight envelope.
If a wing were allowed to adapt to the changing conditions throughout the majority
of its flight, efficiency benefits could be assumed. This idea gives rise to the desire
for adaptive wings, as benefits of adaptive wings have been shown in numerous
numerical and experimental studies.” !

Several methods can be used for creating an adaptive wing. One such method
is the utilization of multiple trailing-edge flaps which modify the spanwise camber
of the wing, and is the method of wing adaptation that has been used by this
study. Figure 1.2 displays a planform view of a multiple TE flap configuration.
Through the use of multiple TE flaps it is possible to prescribe the camber at

any spanwise location, thus affecting the spanwise lift distribution of the wing. It



is possible, then, to solve for the TE flap settings that result in a desirable lift

distribution based on necessary constraints, resulting in reduced drag.

Multiple TE Flaps

\

Figure 1.2: Schematic representation of the planform of a wing with multiple
trailing-edge flaps (right side shown).

It is well known that for a tailless aircraft the distribution of lift not only ac-
counts for drag characteristics, but also plays a large role in the aircraft’s ability
to achieve longitudinal trim. This arises from the dependence that the spanwise
lift distribution of a aft-swept wing, typical of tailless aircrafts, has on the wing
pitching moment. If one considers an aft-swept wing with its aerodynamic center
located near half its semispan, as displayed in Fig. 1.3, then positive lift acting
forward of X, ying Will result in a nose-up pitching moment, while positive lift
acting aft of X,¢wing results in a nose-down moment. The importance that lift
plays for determining wing pitching moment is heightened when considering tail-
less aircraft, as the lack of a secondary horizontal lifting surface creates reduced
opportunity for compensating for wing pitching-moment changes. Despite this
shortcoming, successful tailless designs have found favor in many situations. Fur-

ther, spanwise camber change, similar to that researched in the current work, has



been utilized extensively on tailless hang gliders for years, as the shape of the
flexible sail is allowed to change as weight is shifted and trim is achieved. It is not
unreasonable to assume that this technology can be extended to other rigid-wing

aircraft.

ac,wing

X T
ac,wing

Aerodynamic Center

X
v

Figure 1.3: Orientation of half-span wing aerodynamic center.

The benefits and increasing interest in multiple trailing-edge flap technology
has led to several advances in the area. Recent research conducted at North Car-
olina State University by King and Gopalarathnam® has provided methodology
for determining the optimal flap settings of an aircraft which utilizes multiple
spanwise TE flaps in order to reduce both induced and profile drag while satisfy-
ing an optional root-bending-moment constraint. For that study, the system was
solved for an aircraft utilizing a wing-tail configuration, where the tail was used for
purposes of achieving longitudinal trim. That research was conducted following
successful tests of an auto-adaptive airfoil section by McAvoy and Gopalarath-

1213 in which pressure ports located on the airfoil were used to position a TE

nam
“cruise flap” in order to optimally locate the stagnation point at the leading edge
and thus reduce profile drag by achieving favorable pressure distributions that
support extensive laminar flow over a wide range of lift coefficients. A combina-

tion of these past research efforts leads to the direct possibility for an automated

adaptive wing. It is the goal of the current research to explore the applicability



of multiple TE flaps to tailless configurations where an additional constraint of

longitudinal trim needs to be satisfied.

1.3 Outline of Thesis

This chapter has provided not only the motivation for conducting the research
presented here, but has also focused on previous concepts and research pertain-
ing to the current research. Moving forward, chapter 2 describes the background
material and procedures utilized in this thesis. First presented is the background
information pertaining to the relationship between aircraft pitching moment and
static margin. Next are discussions relating to achieving minimum induced and
profile drag, as well as the concept of additional and basic lift distributions, which
was utilized extensively during this research. This is followed by the method-
ology used for defining aircraft pitching moment for the current problem, then
describes the reduction of both induced and profile drag for adaptive tailless air-
craft. Results are presented in chapter 3 and display the concepts of induced-drag
reduction and profile-drag reduction on example planar configurations. Chapter 4
will provide a brief conclusion of the research as well as present some suggested

future work.



Chapter 2

Methodology

2.1 Background

This section describes background information relevant to determining optimum
TE flap angles for adaptive tailless aircraft. The theory presented here has been
derived from well-known applied aerodynamics, and is presented in the following
subsections. Section 2.1.1 provides a brief introduction to the pitching moment
constraint required by this problem and how it relates to static margin. Sec-
tion 2.1.2 describes the methodology for reducing induced drag of an adaptive
tailless aircraft given longitudinal trim and lift constraints. Profile drag is ad-
dressed in Sec. 2.1.3, which describes the use of thin airfoil theory relations for
determining the C}-shift in the drag bucket of a NLF airfoil due to TE flap de-
flection. Lastly, Sec. 2.1.4 describes the theory of basic and additional lift distri-

butions, which was used extensively for solving the problem at hand.

2.1.1 Static Margin and Pitching Moment Constraint

Stated in Sec. 1.2 was the importance that wing pitching moment has for the
current problem. This subsection seeks to explain this importance further by

introducing the relationships between the moment about the cg, the moment



about the ac, and static margin. Equation 2.1 presents this relationship for an

NP . Xy X
airfoil in coefficient form where @

is commonly known as the static margin.

(Xac B ch)

Cney = C

Macy

e (2.1)

C

Figure 2.1 provides a graphical presentation of the terms in this equation, where

Figure 2.1: Forces applied to an airfoil representing the relationship between
pitching moments and SM.

Cref 1s equivalent to the mean aerodynamic chord ¢. It follows that for a given
static margin and C; the necessary condition for longitudinal trim (C,,., = 0) can

be rewritten in terms of a desired C,,. , as shown in Eq. 2.2.

(Xac — ch)

C

(2.2)

Thus if a tailless aircraft is required to fly at a desired €'y, with a known static

margin, the Cj,. needs to be constrained as per Eq. 2.2. The significance of this
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is highlighted in the current work, as upcoming sections will show the value Cyy,,
to be the primary constraint for each drag reduction scheme and is a necessity for

ensuring successful results.

2.1.2 Minimum Induced Drag with Pitching Moment

Constraint

The primary goal of aerodynamicists is often to minimize drag. This has led
to numerous achievements over the past century in all areas of drag reduction,
including induced drag. Induced drag is labeled as such because it is induced by
the downwash of the wing, which causes a tilt of the lift vector, leading to drag.
This type of drag is most dominant at high C, and has been studied extensively
in the past. It is well known that minimum induced drag for a planar wing results
from elliptical loading. Therefore, methods to achieve elliptical loading, such
as wing twist and camber changes, have been employed in wing design for many
years. The current work focuses on reducing induced drag by achieving an optimal
lift distribution through the use of multiple TE flaps. This concept is applied to
tailless aircraft, forcing the need for solving the optimum lift distribution that
also satisfies a pitching moment constraint, due to the fact that longitudinal trim
of tailless aircraft is heavily reliant on a properly designed lift distribution.

R.T. Jones has provided the methodology for determining the lift distribution
for minimum induced drag with a constraint on the root-bending-moment,'# which
was used as a template for the current work. However, as it is necessary for the
design of tailless aircraft, the root-bending moment constraint described by Jones
was replaced with the pitching-moment-constraint for the current effort. As stated
by Jones, if induced drag is to be minimum then small variations in the shape of

the lift distribution, that satisfy the constraints, will not cause first-order changes

11



in induced drag.'* Figure 2.2 displays the right hand side of a symmetric loading

o

I1 |2 |3
>y
b/2
A Y, A

Figure 2.2: Spanwise loading curve of a planar wing with three elements of vari-
ation.

that is assumed to result in minimum induced drag while satisfying a constraint
on the pitching moment due to loading. The figure also shows three elemental
variations in lift which are labeled [y, I, and l3 at spanwise locations yi, ¥o,
and y3. This distribution is referred to as the original lift distribution and the
importance of the variations in lift will be indicated in the upcoming discussion.
The location of the spanwise wake trace along the wing is denoted y and exists
between wing root location 0 and wing tip location b/2. The resulting bound-
vorticity distribution, I'(y), can be used to compute the lift of the wing, as shown

in Eq. 2.3.

L= 2pVOO/OgF(y)dy (2.3)

The pitching moment of the wing about its aerodynamic center due to lift can

now be determined, and is solved for beginning with Eq. 2.4.

b b
Macwing = 2 /0 Crna. (¥)c(y)*qoody + 2 /0 Ci(y)[Xaewing — Xac()]e(y)goedy (2.4)
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The first term in the RHS of Eq. 2.4 is the contribution from the airfoil section
moments when integrated across the span, while the second term is the contribu-
tion to the moment from the lift distribution acting on an aft-swept quarter-chord
line. In this subsection, only the contribution due to lift distribution is consid-
ered. The section contribution is discussed later in the chapter. Thus, it follows
that the contribution of the lift distribution to the wing pitching moment Mg, ying
about the aerodynamic center is computed using the I' distribution, and is shown

in Eq. 2.5.

b
Mac,wing = 2pVoo/0 F(y)[Xac,wing - Xac<y)]dy (25)

In this equation the value X, ,ing is the longitudinal location of the wing aerody-
namic center, while X,.(y) is the location of the aerodynamic center of the airfoil

section at spanwise location y, as shown in Fig. 2.3.

X
ac,wing

X Line joining section
v aerodynamic centers along
the span

Figure 2.3: Graphical representation of X ing and Xec(y).

Finally, induced drag can be calculated in a manner similar to lift and wing
pitching moment, as shown by Jones. For this calculation the Trefftz-plane nor-
malwash distribution (w(y)) was used along with the I" distribution, and is dis-

played in Eq. 2.6.

D; = p/:w(y)F(y)dy (2.6)
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With the necessary equations and methods in place, it is now desirable to
solve for the downwash distribution that results in minimum induced drag with
constraints on lift and pitching moment. The procedure of Jones was followed
further, and the three variations in the lift were selected as to maintain the desired
results; namely, no change in lift (Eq. 2.7), no change in pitching moment (Eq. 2.8),
and the maintenance of minimum induced drag (Eq. 2.9). The discrete variation
in the loading [y, [, and [3 as well as their spanwise locations 1, ¥, and y3 used

in the equations below are as shown in Fig 2.2.

A]\409 =0: ll[Xac,wing_Xac<y1)]+l2[Xac,wmg_Xac(y2)]+l3[Xac,wing_Xac(y3)] =0
(2.8)
ADZ =0: l1w1 + l2w2 + l3w3 =0 (29)

Because the spanwise locations ¥y, y2, and y3 were chosen arbitrarily, it can be
shown that solving this system of equations for the Trefftz-plane normalwash w(y)

results in Eq. 2.10,

w(y) = A+ B(Xucwing + (ytanA)) (2.10)

where A represents the quarter-chord sweep angle of the wing and A and B rep-
resent arbitrary constants to be solved. Further, because of the nature of the

constants this equation can be simplified to

w(y) =C+ Dy (2.11)

where C' = A + BX,cwing and D = BtanA. The values C and D are determined

by specifying the desired lift and pitching moment constraints for the wing of
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known planform geometry (known values for X, ying and A).

The resulting w(y) distribution and the corresponding I'(y) distribution are
closely related, and can be determined using a discrete vortex method similar
to that described by Blackwell.!> For the current research, the computer pro-
gram from the earlier research of King and Gopalarathnam® was adapted. This
method has the bound vorticity distribution and the trailing vorticity shed behind
it approximated using n horseshoe vorticies, each having constant bound vortex
strength I'. This procedure results in the n-dimensional I' vector being related to
the n-dimensional w vector by a n x n influence coefficient matrix I, as displayed

in Eq. 2.12.

IT=w (2.12)

Thus for a given w(y), the I'(y) can be determined. From the knowledge of I'(y)
and w(y), Egs. 2.3, 2.5, and 2.6 can be used to solve for wing lift, pitching moment,
and induced drag. The Cj(y) distribution can also be determined using Eq. 2.13,
where ¢(y) is the spanwise chord distribution and V. is freestream velocity, and

will be utilized later in the methodology section.

2 T
Cily) = @% (2.13)
In order to determine I'(y), it is required to first solve w(y). This was ac-
complished, as described previously, by solving for the two constants C' and D
of Eq. 2.11. This was done by utilizing a single step of Newton’s method, with
the equation displayed in Eq. 2.14, where the Jacobian of partial derivatives were
computed using finite differencing. For example, in order to compute g—é, a small

change in C' was made and the resulting change in L was recorded. The RHS of

the equation is simply the desired values of lift and pitching moment. Thus, the
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values of C' and D can be extracted and the downwash distribution w(y) can be

oC F)
( aMac wing 8Maching ) ( ) = ( ) (214)
ab (9b D Mac,wing

Figure 2.4 provides a visual representation of some results obtained using the

obtained.

methods described above. In this example, a hypothetical planar wing with ta-

Figure 2.4: I'(y) distribution resulting in minimum induced drag for a family
of pitching moment constraints about the aerodynamic center of the geometry
displayed.

per ratio of % and quarter-chord sweep angle of 10 degrees aft was analyzed for
multiple pitching moment constraints. The family of constraints displayed are
0.075, 0.050, and 0.025, while lift coefficient was maintained at 0.5. Recall that
the constraints represent the contribution of the lift distribution to the pitching
moment coefficient about the aerodynamic center of the wing. The lower portion
of Fig. 2.4 displays a visual representation of the wing planform, while the upper
portion gives the plots of the spanwise wing loadings. It can be said that these

loadings will satisfy the constraints mentioned above while in each case producing
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minimal induced drag. From the I'(y) distribution, the C; distribution can be

extracted and matched, ensuring minimized induced drag.

2.1.3 Minimum Profile Drag

The second type of drag that was addressed by the current problem is profile
drag. Minimizing profile drag is largely the goal during high-speed cruise condi-
tions (low-C}), when high efficiency is desired. For the case of low subsonic Mach
numbers, profile drag is primarily a result of skin friction. Because of this, con-
siderable effort has been placed on developing airfoils and wings that maintain
large sections of favorable pressure gradient on both the upper and lower surfaces
in order to support laminar flow. These airfoils are known as Natural Laminar
Flow airfoils, and are typically designated NLF. A common characteristic of NLF
airfoils is the presence of a low drag range (LDR), or drag bucket, that surrounds
the design C of that airfoil. This LDR is a result of the stagnation point of the
unflapped airfoil residing within an optimal region of the airfoil’s leading edge.
The angle-of-attack («) that corresponds to the C; value, labeled Cjigeq;, in the
middle of the LDR is deemed a;geq;, and is the design a for minimized profile
drag. If the a of the airfoil is such that the stagnation point is located outside
the optimal region, very often a steep rise in drag will result, signifying operation
outside the LDR. This is most commonly due to a section peak that has formed
on either the upper or lower surface of the airfoil, causing the flow to transition
from laminar to turbulent resulting in increased skin-friction drag.

Thin airfoil theory (TAT) can be used to calculate the ageq of an NLF airfoil,
and thus the middle of the LDR. By employing TAT relations, if the stagnation
point is located at the leading edge of the airfoil, then v(LE) = 0, where y(LE) is
the value of the circulation at the leading edge, and the result will be no suction

peaks. If this condition is met, then it follows that Ay = 0, where Ay is the first
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coefficient in the Fourier series that is typically used to describe the chordwise
circulation distribution for the airfoil.' Thus, provided a camberline, TAT can
be used to solve for the value of a;4.q;, which correlates to the airfoil’s Cligeq;. An
easy example of this concept is aigeqs = 0 deg for an unflapped, symmetric airfoil.

In several situations, it has been desirable to shift the LDR of an airfoil to
higher or lower C; values in order to increase its low-drag operating capability. To
achieve this, the use of trailing-edge “cruise” flaps have been employed. Cruise

1718 and are used extensively on high-

flaps were first introduced by Pfenninger,
performance sailplanes,'® as well as several other applications.'® 2% The concept
of the cruise flap is that by deflecting a TE flap, the camber of the airfoil is
changed, and results in a corresponding change in Cj;40q;. TAT provides the direct
relationship between change in Cjg.y and flap deflection, which is provided in

Eq. 2.15,
AClideal = (7TA1)5f = (QSinef)(;f (215)

where oy represents the flap angle in radians, 6 is the angular coordinate for the
hinge location ‘%f in radians as described by Eq. 2.16, and A; is one of the Fourier
coefficients used to define the chordwise circulation distribution.

0 = cos™! (1 — 2ﬁ> (2.16)

c

By making use of the concepts described above, it is possible to predictably
shift the LDR of an NLF airfoil to encompass a C; value, and thus providing
minimized profile drag for a greater range of () values.

The methods explained above have particular consequences for the current
problem, as a flap deflection that reduces profile drag will result in a pitching
moment change. Thus, it is necessary to consider this change, which can also

be predicted by TAT. The increment in the quarter-chord moment about the
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aerodynamic center due to a flap deflection d; is given by Eq. 2.17

1 1
ACy,,, = ZsinZHf - §Sin9f Oy (2.17)

This equation provides the direct ability to either predict the moment changes
due to flap deflection, or determine a flap setting which will produce a moment
necessary for trim, and adds completeness when solving for reduced drag with a

trim constraint.

2.1.4 Basic and Additional Lift Distributions

The goal of the current problem is to solve for the optimal flap angles of an
adaptive tailless aircraft which minimizes drag and maintains longitudinal trim.
An integral part of the solution presented in this thesis is the concept of basic and
additional lift distributions, which is described in detail in several references.?6 27
Presented here is a brief description of the concepts that were utilized, which
have been tailored with respect to the issues at hand, namely achieving a desired
pitching moment for tailless aircraft. By using this method, simple analytical
expressions can be derived which enable the ability to solve for the desired flap
angles of a planar wing with multiple TE flaps.

If one maintains the assumptions of linear aerodynamics (linear C; — « slope
and linear Cy — I" relationship), then a wing’s lift distribution can be divided into
the sum of two parts: (i) basic lift and (ii) additional lift. Further, if the wing’s

chord distribution is provided then the C distribution of the wing can similarly

be divided into the sum of two parts:

Cr=0Cp+Cl (2.18)
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The Cj, term in Eq. 2.18 refers the wing’s basic lift distribution. This distribu-
tion is defined at wing C';, = 0, and describes the C; distribution due to variations
in geometric twist, aerodynamic twist, and flap deflection of the wing, as well as
chord distribution. Geometric twist is achieved by twisting the wing so that the
geometric angle-of-attack varies in the spanwise direction. Aerodynamic twist is
determined by the spanwise variation in airfoil section, which is the difference in
airfoil camber or maximum camber position across the span. Lastly, flap deflation
describes a change in airfoil camber, but is set apart from aerodynamic twist for
the purposes of this study. Because changes in each of these parameters (twist,
camber, and flap deflection) cause linear shifts in their respective Cj, distributions,

they can be summed and the resulting distribution describes total wing Cy:

Ciy = Cipwist + Civ.camper + Cib, flap (2.19)

The Cj, term in Eq. 2.18 refers the wing’s additional lift distribution. This
distribution is defined with wing twist and flap deflection set to zero, and is
determined by the wing’s chord distribution. If a linear lift slope is assumed,
the value of Cj, at wing C';, = 1 can be precomputed and used to solve the C,

distribution for any C' as follows:

Cio = CLClap (2.20)

where Cj,; is the Cj distribution of the wing at €', = 1 and zero twist.

In order to illustrate this concept, a simple graphical description is provided
here. Figure 2.5 displays the right-hand-side rear view of a planar, aft-swept,
tapered wing which has five TE flaps that each have a flap-to-chord ratio of 0.2.

The spanwise flap locations are labeled flap 1, flap 2, and so on. Shown in part (a)
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of the figure are the basic lift distributions that result from separate flap deflections
of five degrees for flap 1 and flap 2, labeled Cj;, and Cj, respectively, as well as the
Clq,1 distribution as computed by WINGS, a discrete-vortex Weissinger’s method
code. Part (b) of the figure represents a superposition of the curves from part
(a), as well as a predicted solution from WINGS when flaps 1 and 2 have been
deflected five degrees. Indicated by this example is the linear relationship between

Cyp and (4, for the determination of (.

Ib,
1

0090800 O superposition

12 - 12f e — WINGS
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2

— Claa
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04r 041

flap 1 flap 2 flap 3 flap 4 flap 5 flap 1 flap 2 flap 3 flap 4 flap 5

Figure 2.5: Lift distribution for a planar wing, (a) additional and basic lift and
(b) C; due to superposition in comparison to C; from WINGS.

For tailless aircraft the Cy, and ), distributions take on very significant and
different roles with respect longitudinal trim. Presented in Fig. 1.3 is the layout of
a hypothetical swept wing showing the location of the wing’s aerodynamic center.
In terms of pitching moment coefficient (C';), the aerodynamic center of the wing
is the location where (), is independent of changes in «, and is labeled C)yy,,.
This value is therefore independent of Cp,, and is designed to be located aft of the
aircraft center of gravity (X,,) in order to achieve longitudinal static stability. The
difference in X, and X, is universally known as the aircraft static margin, and is

a design criteria for desired handling (longitudinal static stability). Because the
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aerodynamic center is located at the centroid of the additional lift distribution,
it follows that changes in Cj, will not influence C';, .. Therefore, it is the Cj,
distribution changes which will account for changes in C),,, due to lift, which

, or the pitching moment coefficient resulting

leads to the variable (OMacw)basw

from the basic lift distribution. This variable will take on significant importance
for the minimization of induced drag given a longitudinal trim constraint, and
will be described fully in Sec. 2.2.1 and Sec. 2.2.2.

The decoupling of Cy, and (7, allows not only the ability to directly influence
Ch,., it also has specific implications for constraining lift. Recall that Cj, is the
only part of the lift that scales with «, and thus Cp, as (Y, is defined at C, = 0.
And, since variations in Cj, will not result in C),,, changes, Cj, can be used to
achieve desired lift while Cj, can be used to achieve a desired C)y,.. The linear
relationship of C, and C), plays an integral part for solving the current problem,
as each part needs to be optimized with respect to the constraints in order to

produce a solution.

2.2 Procedure

This section of the thesis describes the methodology used to solve the optimum
flap angles for an adaptive tailless aircraft. First described is the breakdown of
wing pitching moment, as a specific derivation of this term was used in the current
research. Next, solutions pertaining to minimizing induced drag as the primary
goal are discussed. Lastly, the methodology for the primary goal of minimal profile
drag is addressed. In each case of drag minimization, the methods are derived
for an arbitrary tailless aircraft with an undefined number of trailing edge flaps

placed across its span. The constraints are longitudinal trim and lift.
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2.2.1 Pitching Moment Definition

The focus of the current problem is to solve for the optimal flap distribution
resulting in minimized drag for an adaptive tailless aircraft with multiple TE flaps.
Perhaps the most important consideration when designing the lift distribution of
a tailless aircraft is the resulting pitching moment, as trim implications cannot
be ignored. And as shown in Sec. 2.1.1, the value Cj,, takes on the greatest
significance for trim. This section provides the derivations used for defining the
aircraft pitching moment about the ac with respect to two considerations: basic
lift and spanwise airfoil sections. The pitching moment resulting from basic lift
was introduced in Sec. 2.1.4, while the pitching moment due to spanwise airfoil
sections will be introduced now. By considering these two terms separately, it
becomes possible to utilize them as governing variables for the minimization of
induced and profile drag.

The first step in understanding the pitching moment as defined for this work is
to start with the general equation for the pitching moment of an aft-swept wing.
Equation 2.4 previously presented this equation, and will now be restated in a

more conventional, nondimentionalized form

CMac,, = Sé {

where S is the reference area of the wing, ¢ is the mean aerodynamic chord of

|c~ Nl

Cmac dy + __chlb(y) [Xac,wing - Xac(y)]c(y)dy} (2-21)

the wing, b is the wingspan, and X, wing as well as X,. are as defined previously
in Fig. 1.3. Wing pitching moment comes from two contributions: (1) airfoil
pitching moment when integrated across the span, as indicated by the first term
in the brackets on the RHS of Eq. 2.21, and (2) the moment due to the spanwise
lift distribution along a swept quarter-chord line, as indicated by the second term

in the brackets on the RHS of Eq. 2.21. For clarity, part (1) of Eq. 2.21 will be
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referred to as (CMacw) , while part (2) will be deemed (CMacw)

., allowing

sections basi

that equation to be rewritten as a simple linear combination of the two terms, as

indicated by Eq. 2.22.

Cu,

wewing = (Chiac,) ChMac ), (2.22)

sections (

The terms (C’MM) and (C’Macw)

problem and to display the significance of each.

are now expanded to suit the current

sections basic

The first contribution to pitching moment as discussed above is that due to

the airfoil sections, labeled (CMM ) . The effects of this term will be the
W/ sections

result of two considerations, the design of the spanwise airfoil sections and the

angle of flap deflections for the multiple TE flap system. The expanded version

takes the following form:

1 2 [ Cona. (y)c(y)*dy+
(O (

)sections - S_7 } (223)
cl(2 féﬂcmafl dy) dp + .o+ (2 f;’}yfl(Jm% dy) Oy

where N is the number of TE flaps distributed across the wing half span such
that the flap spanwise location extends from yy_; to yy, CméfN represents the
additional moment coefficient to the airfoil sections resulting from a deflection
of the N flap, and d;, is the angle of deflection of flap N. The factor of 2
preceding each integral indicates lateral symmetry. Through use of this equation,
the created variable (C Maw)gﬁﬁgﬂg can be computed for any given planform, airfoil
distribution, and series of flap deflections.

The second contribution to wing pitching moment as described above is that
due to the lift distribution when integrated across the span of a swept quarter-

chord, and is labeled (C' M‘ww)b . As stated in Sec. 2.1.4, the only portion of the

as

lift that is going to affect the pitching moment is the basic lift, hence the subscript
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basic. Referring again to Sec. 2.1.4, it was stated that basic lift will be linearly
affected by three factors: geometric twist, aerodynamic twist, and flap deflection
(subscripted twist, camber, and df). These are the three occurrences that make
up the expanded version of Eq. 2.24, where Cy, is the basic lift coefficient due to

each of the three occurrences.

b
2 f02 Clb,twist (Xac,w - Xac(y))c(y)dy_'_
1 2 fO§ Clb,camber(Xac w ( ) C(y)dy+
(Chew), . =8 (2.24)
basic Se (2]‘02 Clb,5f1 (Xac,w _ y> 5f

(265 Cunsy, K = Xee))e(w)d )%

By solving the basic lift distribution of any given planform, Eq. 2.24 can be used
to solve for the resulting change to pitching moment.

As stated previously, a linear combination of these two terms provides the
solution of aircraft pitching moment about the aerodynamic center, as shown

in Eq. 2.22. It is necessary to tailor the value of Cy,

ac,wing

with respect to the
locations of aerodynamic center and center of gravity in order to produce a desired
static margin and maintain positive handling qualities. The ability to vary either
(CMan)basic or (CMMMLeCtiOM for this purpose has been introduced, however each
term is dependent on the TE flap angle distribution which leads to difficulties.
In order to overcome these difficulties, a novel approach was employed which
effectively separates the two terms. The central idea of this approach is the
introduction of a “mean” flap term, & I

Previous adaptive wing studies! have shown benefits for defining the TE flap
angle distribution ({d¢}) of the wing as the sum of two parts: (1) a constant
flap angle (close to the mean flap angle), &7, and (2) the variation about the
mean, {5 f}. This relationship is displayed in Eq. 2.25, where the curly brackets

signify N x1 matrices with /N being the number of TE flaps distributed along the
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half-span, and & ¢ is a constant.

{07} =0p + {0r} (2.25)

By extracting a constant value from the flap distribution, specific consequences
result with respect to the pitching moment. These consequences will aid in essen-

and (CM“w)sections’ allowing for each to be varied

tially decoupling (OMGCM)

basic

independently for specifying C), and achieving a desired static margin.

ac,wing

The constant flap is essentially a full-span flap, and can be set to any constant
angle. Because d; acts as a full span flap, it takes on certain characteristics of
benefit to the problem at hand. Deflecting a full-span TE flap is comparable to
deflecting a TE flap in 2-D, and produces similar results. Notably, a deflection of
) ¢ creates a shift in the C; — o curve, which is comparable to a change in «.. It was
presented previously in Sec. 2.1.4 that changes in a affect only the additional lift
distribution, and has no affect on the basic lift distribution. And, it is important

to recall that the basic lift is the lift which effects C'y,

ac,wing *

As a result, 0 ¢ will

~ provided {3 f} is unchanged. The constant flap will,

have no affect on (CMM )
W/ basic

however, influence (CMWU) o asa full span flap deflection leads to a shift in
sections

the pitching moment curve as well. Thus, d; can be set to tailor (CMacw) "
sections

without affecting (CMM) _, providing the direct ability to solve for a desired
S1C

basi

value of Cy,

ac,wing "’

and (C’ Mae,, )

equations originally found in Egs. 2.23 and 2.24. The new equations make use

Presented now are redefined, expanded versions of the (C’ MM)

basic sections

of Eq. 2.25 for redefining {d;} and highlight the effect that &; has on each. It

should be noticed that & ¢ appears only in the (CMWU> equation, as it will

sections

have no affect on (C’MMJ , as discussed previously. However, because {5f}

basic

appears in both terms there is certian amount of dependance that (CMan>basic
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has on (C’Ma%> - and is evident when solving for minimum profile drag, as
sections

discussed in Sec. 2.2.3.
2]0 mac( )C(y>2dy+
(2 JE Co, dy) Sp+ (2.26)
(Qﬁ%lcm(sh dy> Sfl -t <2ny L made ) SfN

1

sections Sc

I

b
2 f02 Olb,twist (Xac,w - Xac(y))c(y)dy+

b
1 2 f02 C1lb camber (Xac w ( ) C(y)
(O pasie = 5 . (2.27)
(2f0 b5 ( acw y) 5f
(20 g, (Xavaw = Xaely))elw)d )SfN
(C’ Man)baSic and (C Man)Sethns become powerful tools for solving the longitudinal

trim constraint enforced by the current problem. And by carefully selecting & I3
they also become an integral part for reducing drag, as will be shown in upcoming

sections.

2.2.2 Induced Drag Reduction as Primary Goal
(Scheme A)

As stated in Sec. 2.1.2, minimum induced drag is a result of the familiar elliptical
loading for a planar wing. Presented in the same section was the methodology
for determining the lift distribution resulting in minimized induced drag with a
constraint on the pitching moment contributed by the lift distribution. This lift
will be labeled C} gesirea s it represents the lift to be matched in order to achieve
minimum induced drag. By use of Cj gesirea; and the basic (Cj) and additional
(Cyq) lift coefficients presented in Sec. 2.1.4, a linear relationship can be formed

for solving the flap deflections resulting in desired C;.

C(L {Cla,l} + {Clb,twist} + {Clb,camber} + [Clb,f] {df} = {Cl,desired} (228>
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Equation 2.28 displays the resulting linear system of equations, where the curly
brackets again signify Nx1 matrices with N representing the number of flaps
distributed along the half-span. The matrix {d;} represents the flap angles that
will produce a lift distribution that matches {C} gesired }, which was determined by
interpolating the C gesireq distribution at control sections equating to the spanwise
flap locations. Further, because § ¢ was defined with the ability to take on any
value, the {0/} in Eq. 2.28 can be substituted with {&c} Noting that [Cp, ] is
singular, an additional equation is required to solve for {3 f} and that equation,

Eq. 2.29, is simply a statement that the weighted-mean of {5 f} is zero.
Spop +Spdp + ...+ Spydp =0 (2.29)

where Sy, Sy,, ... S, are the areas of the wing occupied by the respective flaps.
By finding {5 f}, a numerical solution to the flap settings has been achieved
which results in minimized induced drag with respect to a pitching moment con-

straint, which is equal to the value of (CMacw) However, if truly minimal

basic
induced drag is desired, then elliptical loading is necessary despite the pitching
moment effects, forcing special consideration. It becomes necessary to determine

the value of (CMM) _ that corresponds to elliptical loading.

basic

It is known from wing theory that for elliptical loading, the spanwise location

of the center of loading can be found using the following relation:

Yoy = @T) (S) (2.30)

where b is the wingspan. It is a simple matter to then subtract this value from the
spanwise aerodynamic center location (Yge wing in Fig. 1.3) and multiply by lift and

tan(A) (A is the sweep angle) to determine the pitching moment about the aero-
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elliptic
dynamic center which results from elliptical loading, and is labeled (C Macw>b é

in Eq. 2.31.

= [Yacwing — Yep) tan(A) (2.31)
basic Cref

elliptic CL
(C Macu ) —

By constraining (CMMw) with this moment value, it is possible to solve for

basic

{5 f} which produces elliptical loading. Although resulting in minimum induced
drag, this moment is not sufficient to satisfy the constraint of trim. Thus, it is

necessary to utilize (C’MM)S%M”S to result in desired handling qualities.

As was previously discussed, §; can be used to directly tailor (CM,M) .
sections

without effecting (CMM> . This fact is useful now, as (CMWU) has been

basic basic

constrained to ensure elliptical loading, leaving (CMWU) . responsible for en-
sections

suring trim. Given a desired SM, C,

ac,wing

is known and (C’Maew)secmns can be
determined using Eq. 2.22. It is a simple matter to then determine § ¢ which re-
sults in the proper (CMacw>sections value, and the longitudinal trim constraint is
satisfied while maintaining minimum induced drag. The « for the desired lift is
then determined through iteration. Thus, both trim and lift are achieved.

By following these steps, it is possible to create a flying wing that maintains
elliptical loading (minimum induced drag), longitudinal trim, and desired lift. It
should be noted that no constraints were placed on the value of the flap setting or
on «. It is assumed that the airfoil design, twist distribution, etc., of an aircraft
using this system will be such that extreme flap angles will not be necessary.
Minimizing induced drag is typically desirable at high-C'; flight conditions such
as long-range and endurance cruise climb.

Provided in Fig 2.6 is a flowchart representing the drag reduction scheme

presented above. This method of drag reduction is referred to as Scheme A in the

results chapter.
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‘ Given: Static Margin, Wing Planform, Desired CL ‘

v

‘ Determine CM,basic that achieves elliptical loading ‘

v

‘ Produce spanwise Cl(y) distribution resulting in min. induced drag ‘

v

‘ Calculate optimum {Bf} distribution ‘

v

‘ Adjust Meanflap to set C . and achieve trim ‘
M,sections

v

‘ Adjust angle of attack to achieve desired CL ‘

v

‘ End ‘

Figure 2.6: Flowchart for Scheme A.

2.2.3 Profile Drag Reduction as Primary Goal

(Scheme B)

To solve for the optimal flap angles with respect to profile drag reduction, simi-
lar methodology is used. The difference in the two schemes is that where pre-
viously (CMM) was determined from the need for elliptical loading and
(O

set Sf so that the majority of the wing is operating in the LDR, thus reducing

basic

) o, Was tailored in order to achieve trim, now it is desired to first
sections

profile drag and determining (CMM) , while using {3 f} for achieving trim

sections

and minimal induced drag with a pitching moment constraint of (C’M(ww> hasic” The
asic

control variable for this effort becomes (CMW ) o
v/ sections

It is first necessary to determine the methodology for setting the J; as to
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reduce profile drag. It was already discussed in Sec. 2.1.3 that for an NLF airfoil,
the maintenance of laminar flow across the upper and lower surfaces results in
optimal stagnation point location, and thus operation in the airfoil LDR. Because
) ¢ has characteristics of a 2-D trailing edge flap, it can thus be set accordingly for
placing the stagnation point in an optimal location.

The mean flap angle is set using a combination of past adaptive wing proce-

dures and TAT relations, and can be determined using:

N CL - CLideal

5 = (2.32)

2sind f
where Cl;geq is the Cf, corresponding to a point within the LDR of the unflapped
airfoil being used, and 2sin 6y is gathered from TAT and represents the Cj-shift
in the drag bucket due to a one-radian flap deflection. C;geq is determined using

the following equation:

2 3
Clideal = g/o C<y)Clideal(y)dy (2-33)

By using the preceding equations, § ¢ can be set and Eq. 2.26 can be used to

calculate (CMM) with the variation flap distribution, {3f}, set to zero.

sections

Through knowledge of the desired static margin, it is then possible to calculate

the moment required from the lift distribution and thus find the desired value of

the C] distribution that results in required pitching moment and minimum induced
drag, and {3 f} is then determined using Eq. 2.28. It should be noted that because
{Sf} exists in both the (CMWU)

and (C’ Man) terms, once the variation

basic sections

flap angles are solved for a change to (CMacw) . will occur. However, proper
sections

airfoil design leads this change to be of slight magnitude, and can be resolved
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through minimal iterations of the procedure presented above. And, if an iterative
precess is undesirable, it is possible to make a small variation to & # as to counteract
the moment variation, as proper design of the airfoil used should provide a LDR
large enough to accommodate such a small change.

Provided in Fig 2.7 is a flowchart representing the drag reduction scheme
presented above. This method of drag reduction is referred to as Scheme B in the

results chapter.

‘ Given: Static Margin, Wing Planform, Desired CL ‘

v

‘ Determine meanflap that achieves min. profile drag and set C

M,sections

Calculate C ._necessary to achieve trim
M,basic

v

‘ Produce Cl(y) dist. resulting in min. induced drag with CM constraint ‘

)

‘ Calculate optimum flap distribution which achieves min. induced drag ‘

v

2
Has CM,sections changed?

YES NO

‘ End

Figure 2.7: Flowchart for Scheme B.
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Chapter 3

Results

This section of the thesis describes results obtained when implementing the theory
derived in Sec. 2.2 on a tailless aircraft which has a planar wing configuration and
utilizes multiple TE flaps for the purpose of wing adaptation. Presented first
are the relationships between drag reduction with respect to induced drag as the
primary goal and also with respect to profile drag as the primary goal. Next
are discussions pertaining to the effects that sweep and airfoil pitching moment
coefficient have on the problem of reducing drag with a trim constraint. Lastly,
a short study of static margin change is presented. A summary of all results is

provided in Chapter 4.

3.1 Test Cases

The results presented here were derived from specific cases selected to analyze the
effects of targeting drag reduction with respect to induced drag and profile drag.
Also selected were cases displaying the affect sweep change as well as airfoil section
pitching moment coefficient change have for drag reduction. These cases were
selected due to the influence that sweep has on (CMWU) and the influence that

basic

airfoil section pitching moment coefficient has on (CME%) oy A5 these terms
sections

were described to be governing variables for the current problem in Secs. 2.2.1-
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2.2.3.

In order to test the methodology derived in this thesis, a hypothetical tailless
aircraft was used as the example platform with characteristics displayed in Ta-
ble 3.1. As shown, certain parameters were varied, namely quarter-chord sweep
angle and airfoil section, in order to provide test cases pertaining to the specific
methods used for drag reduction and trim. The aircraft weight (W) along with
flight C', were used to solve for Reynolds number at each flap section location
across the span of the tapered wing in order to more accurately predict the effects
of the flap deflections. As shown, the aircraft static margin was chosen to be 10%
of the mean aerodynamic chord. For each case, the number of TE flaps along the
wing half span was selected to be five, with each flap maintaining a flap-to-chord
ratio of 0.2. Figure 3.1 displays the planform of this aircraft when A = 20 deg

and shows the equally-spaced TE flaps.

Table 3.1: Assumed parameter values for example hypothetical tailless aircraft.

Static Parameters Value
Gross weight (W) 14,200 N
(3,200 Tbf)
Mean aerodynamic chord (¢) 1.01 m
(3.31 ft)
Reference area (.5) 12.0 m?
(130 ft2)
Wing aspect ratio (AR) 12
Static margin (SM) 10 % ¢
Number of half-span TE flaps (N) 5
Flap-to-chord ratio (all flaps) 0.2
Variable Parameters Value
1 chord sweep angle (A) 20 deg
35 deg
Airfoil section CAMBERED
(Chg = —0.0802)
REFLEXED
(Chny = 0.055)
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b/2=6m

Figure 3.1: Example planform for A equal to 20 degrees and 5 TE flaps per half
span.

Information is presented regarding the two different airfoil sections that were
utilized to study the effects that airfoil section pitching moment has on the re-
duction of drag with respect to trim. The first airfoil is a cambered NLF airfoil
which has a zero lift pitching moment coefficient (C,,,) of —0.0802, and is labeled
CAMBERED. This airfoil was selected due to its well defined low drag range, or
drag bucket, which surrounds the C; value of 0.5. The second airfoil is a reflexed
airfoil which was designed to have a positive C,, value of 0.055, and is named
REFLEXFED. It was decided to study an airfoil of this type because often times
reflexed airfoils are utilized on tailless aircraft due to the need for positive lift while
also maintaining near zero, or positive, pitching moment. Each of these airfoils
were created using the multipoint inverse airfoil design method PROFOIL,?%2
which allows for the specification of airfoil C),, as a design parameter. Fig-
ures 3.2 and 3.3 display the properties of these airfoils as predicted by XFOIL3®
calculated at a Rey/Cj of three million, as well as their corresponding geometries.
It should be noted that care was taken in the design of the REFLEXFED airfoil
to place the center of the drag bucket at C; = 0.5 in an attempt to mimic the lift
and drag properties of the CAM BERFED airfoil. By doing so, it is assumed that
more accurate comparisons can be made between the airfoils pertaining to drag

reduction as well as sweep angle and C,,, influence with respect to trim.
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(a) (b)
Figure 3.2: CAMBERED airfoil: (a) Geometry and C, distribution, and (b)
drag polar at Re+/C; three million.

As previously stated, the two airfoils whose aerodynamic properties are dis-
played in Figs 3.2 and 3.3 were utilized for the wing planform shown in Fig. 3.1
at sweep angles of 20 deg and 35 deg. This results in four specific configu-
rations, which are presented here as example cases. Example Case #1 is the
CAMBERED airfoil at A = 20 deg and is presented in Sec. 3.1.1. Example Case
#2 is the CAMBERED airfoil at A = 35 deg and is presented in Sec. 3.1.2.
Example Case #3 is the REFLEXED airfoil at A = 20 deg and is presented in
Sec. 3.1.3. Example Case #4 is the REFLEXFED airfoil at A = 35 deg and is
presented in Sec. 3.1.4. For each of these cases the methodology which focuses on
induced drag minimization as the primary goal and the methodology which focuses
on profile drag minimization as the primary goal were both tested for a range of
C; values in order to spawn comparisons. The application of these methodologies
have been labeled Scheme A and Scheme B respectively, and descriptions of each
are listed here for clarity.

Scheme A : This represents the methodology presented in Sec. 2.2.2, where the

primary focus is the achievement of minimum induced drag through the
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Figure 3.3: REFLEXED airfoil: (a) Geometry and C,, distribution, and (b) drag
polar at Re+/C; three million.

generation of elliptical loading. In this scheme, the moment about the wing

ac produced by elliptical loading is determined and constrains the value of

C

produce the optimal lift distribution. Next, the meanflap (& ) is chosen as

basic” The spanwise variation flaps (5 ) are then set accordingly to
asic

to set the value of (C’ M“Cw)sections resulting in a pitching moment about the
wing ac that was calculated to result in trim. This value is determined using
the desired static margin, C, and longitudinal trim requirement which has
Chr,, = 0. Tt is evident that while this scheme results in minimum induced
drag, the magnitude of & 7 1s unconstrained, allowing for the possibility that
the wing sections are not operating within the low-drag range (LDR). The
addition of the induced drag and profile drag components make up the total
drag produced by this scheme.

Scheme B : This represents the methodology presented in Sec. 2.2.3, where the
primary focus is on minimizing profile drag by determining the flap settings

that enable the wing sections to operate in their respective low-drag-ranges,

thereby reducing skin friction drag. A secondary focus is the determination
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of the spanwise lift distribution which results in optimal induced drag with
the constraint on the pitching moment such that the aircraft is trimmed
longitudinally. In this scheme, the meanflap value (0;) is set as to ensure
the spanwise wing sections are operating in the LDR, providing the ini-

tial value of (C’MM) . Next, the value of (CM,lcw) is determined

sections basic

based on the calculated value of Cyy,, ~that results in longitudinal trim.
The value of Cyy,,,, is determined using the desired static margin, 'z, and
longitudinal trim requirement which has Cy,, = 0. (C’Man)basic is used as
a constraint to determine the spanwise lift distribution resulting in optimal
induced drag, and the variation flap (5 ) distribution is chosen accordingly.

Any effect that the & ¢ distribution has on (CMM) is calculated, and

sections

(CMacw) s is adjusted through iteration to offset these effects, resulting
aS1C

in an iterative process which proceeds until longitudinal trim is achieved.

It is evident that in this scheme profile drag is minimal, however the value

Of (CMacw)

induced drag because the lift distribution may be far from elliptical loading.

basi is unconstrained, allowing for the probability of increased
asic

Again, the addition of the induced drag and profile drag components make

up the total drag produced by this scheme.

In each case the resulting distributions and drag numbers were obtained from

a scripted process which utilized the 2-D flow solver XFOIL and the vortex-lattice

code WINGS. Due to the theoretical nature of the methods applied, as well as

the utilization of multiple codes in solving this problem, it became necessary to

iterate the final solution in each case in order to ensure longitudinal trim. The

requirement chosen for this iteration was wing pitching moment coefficient, and

the process was halted once the magnitude of this value fell below 0.001. This

value represents a moment produced by less then %th of a meanflap deflection,

and most often required only two iterations to satisfy.
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3.1.1 Example Case #1

The first case discussed is the CAMBERFED airfoil used on the tapered wing
planform with a sweep angle of 20 deg. Presented are the total drag numbers for
the two drag reduction schemes tested where, as previously stated, the total drag
number is produced through the addition of the induced and profile components
of drag for each scheme. These values of total drag are plotted verses a range C/,

values, highlighting how a lift constraint affects each method.

—A— Scheme A
-O- Scheme B

051
0.4r

0.3r

0.2 I I I I I I )
0 0.005 0.01 0.015 0.02 0.025 0.03 0.035 0.04

S

Figure 3.4: Comparison of total drag resulting from Scheme A and Scheme B for

Example Case #1.

Spanwise results for three C values of 0.2, 0.5, and 0.8 are displayed in
Figs. 3.5 and 3.6 for each of the schemes. In these plots, the circles indicate
the target spanwise Cj distributions which result in minimum induced drag given
pitching moment constraint and desired lift. The solid spanwise lines are the ()
distributions that were achieved by the methodology derived in the preceding sec-
tions, with flap angles represented at the upper portion of each flap section as

indicated by the vertical dotted lines. A comparison of these lines give an indica-
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tion of how well the flap distribution is minimizing induced drag. The meanflap
used for trim is presented in the lower left hand corner of the plot for each Cp,
case. Overlaid each flap section is the drag polar (Cy — C plot) as predicted by
XFOIL for each of the five flaps. This gives a good indication of how well the flap
settings are minimizing skin friction, or profile drag, as it is evident whether or

not the section is operating in or near the drag bucket.
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Figure 3.5: Spanwise C) distributions with flap-section drag polars and optimal
C; distributions. Provided for C, values of 0.2, 0.5, and 0.8 where Scheme A is
applied.
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Figure 3.6: Spanwise C; distributions with flap-section drag polars and optimal
C; distributions. Provided for 'y, values of 0.2, 0.5, and 0.8 where Scheme B is

applied.

In analyzing of Fig 3.5, it is evident that for all C} values elliptical loading
is achieved leading to minimum induced drag. However, it is also clear that in
each O}, case the drag buckets are pushed to lower values, a result of the strong
negative setting of d;, which determines the value of (CME%) needed to

sections

offset (C’ Macw>b ~ produced by the elliptical loading. It is clear for this case that
while minimum induced drag is achieved, there will be some penalties incurred in
profile drag when trim is achieved. Total drag results are presented in Fig 3.4 and

are labeled Scheme A.

41



The curve in Fig. 3.4 labeled Scheme B relates to Fig. 3.6, and provide similar
results to those described above. These figures represent the C', cases for the
scheme in which profile drag reduction is the goal. As evident from this portion
of the plot, for each C} case the spanwise C; distribution falls largely within
the drag bucket, resulting in minimal values of profile drag; differing from what
was seen in Fig. 3.5. The other striking difference is in the shape of the lift
distribution produced by the flap settings. No longer will the C; distribution
result in elliptical loading, as it was necessary to vary it in order to achieve trim.
In each C', case the lift takes on a more bell-shaped distribution, which is typical
of tailless aircraft. Again, the optimal target C} distribution is plotted to provide
a comparison with the achieved distribution which minimized induced drag with
respect to the pitching moment constraint necessary for trim. In this case the
inboard flaps for the C'; 0.8 case required a large deflection in order to achieve
desired lift. This resulted in flow separation, as a result of which, a distinct drag
bucket is absent.

Recalling the total drag curves displayed in Fig. 3.4, insight has been provided
into how they were produced. By comparing the two curves, one can conclude that
for this example case Scheme A generally results in minimum total drag. Thus,
most important to this particular configuration is the achievement of elliptical

loading despite the profile drag penalties.

3.1.2 Example Case #2

This example utilizes the same airfoil as Sec. 3.1.1, namely the CAM BERED
airfoil, along with the same planar, tapered configuration. However, this case was
run at a sweep angle of 35 deg, which is more typical of tailless aircraft. Presented
in Fig. 3.7 are total drag results similar to those shown in Example Case #1 while

the spanwise lift results of Figs. 3.8 and 3.9 also mimic those above. Thus, for
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this example and the similar upcoming examples, only brief discussions of these

plots are provided.

—4— Scheme A
-O- Scheme B
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Figure 3.7: Comparison of total drag resulting from Scheme A and Scheme B for

Example Case #2.

In this example, total drag reduction is largely achieved by Scheme B, a result
opposite of that found in Sec. 3.1.1. This can be explained if one considers the
spanwise C distributions shown in Fig. 3.8 and compares it with the distributions
of Fig. 3.9. Recall that Fig. 3.8 is produced by Scheme A and results in elliptical
loading. The previous example showed a more bell-shaped curve when Scheme B
was applied, indicating increased values of induced drag compared to those pro-
duced by Scheme A. For this example, however, the curves in Fig. 3.9 are not
obviously bell-shaped, and take a shape similar to those in Fig. 3.8. This leads to
each case having similar induced drag numbers as those in Fig. 3.8. Figure 3.9,
however, does mimic earlier results in that the majority of the sections are oper-
ating in the drag bucket, resulting in minimal profile drag. Because induced drag
for both will be similar, we see that profile drag dominates this case, and thus

the behavior of total drag seen in Fig. 3.7 which has Scheme B beneficial for this
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configuration. A discussion of this finding is provided later in Sec. 3.2, as it can

be shown that the sweep of the wing is largely responsible for this result.
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Figure 3.8: Spanwise C; distributions with flap-section drag polars and optimal
C; distributions. Provided for C}, values of 0.2, 0.5, and 0.8 where Scheme A is

applied.
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Figure 3.9: Spanwise C; distributions with flap-section drag polars and optimal
C; distributions. Provided for 'y, values of 0.2, 0.5, and 0.8 where Scheme B is

applied.

3.1.3 Example Case #3

The third example presented returns to the sweep angle of 20 deg utilized in
Sec. 3.1.1 — Example Case #1 — with the airfoil section changed to the REFLEX ED
airfoil. Again, similar plots are displayed in Figs. 3.10 — 3.12 which present the

total drag characteristics of the schemes for reducing drag.
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Figure 3.10: Comparison of total drag resulting from Scheme A and Scheme B
for Example Case #3.

Figure 3.10 displays the total drag results, which are a bit different if com-
pared to the results presented with the same configurations of the CAMBERFE D
airfoil. At both low and high C} extremes, Scheme B tends to show optimal
drag results, while at midrange C'p, values it is Scheme A that reduces total drag.
Figures 3.11 and 3.12 show the effects each scheme has on drag bucket placement.
It is evident that at the low and high C}, extremes Scheme B will reduce profile
drag, explaining why this scheme responds favorably at these conditions. How-
ever, for this configuration at midrange C values both schemes results in well
defined low-drag-ranges, and will produce similar profile drag results. Thus, as
Scheme A results in exactly elliptical loading, it follows that at these conditions

this scheme will perform most favorably.
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Figure 3.11: Spanwise C distributions with flap-section drag polars and optimal
C; distributions. Provided for C}, values of 0.2, 0.5, and 0.8 where Scheme A is
applied.
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Figure 3.12: Spanwise () distributions with flap-section drag polars and optimal
C; distributions. Provided for C'f, values of 0.2, 0.5, and 0.8 where Scheme B is

applied.

3.1.4 Example Case #4

The final example case utilizes the same sweep angle and planform as Sec 3.1.2 —
Example Case #2 — but maintains the airfoil section properties of the REFLEX ED
airfoil used in the previous section. The total drag comparison of both drag re-
duction schemes is presented in Fig. 3.13, while the spanwise lift distribution plots

are provided in Figs. 3.14 and 3.15.
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Figure 3.13: Comparison of total drag resulting from Scheme A and Scheme B
for Example Case #4.

At low O}, values it is shown that the operation of the wing outside the LDR
results in Scheme A to suffer profile drag consequences resulting in greater total
drag at these conditions. This effect is similar to that found in the previous
example. However, as 'y values move into the mid to high range it is evident
that both schemes are operating the wing in the LDR, again resulting very similar
profile drag numbers. Thus, at low C', values Scheme B provides most favorable
results. The two schemes converge at high 'y values, indicating that both are

similarly reducing both induced and profile drag.
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Figure 3.14: Spanwise C distributions with flap-section drag polars and optimal
C; distributions. Provided for C}, values of 0.2, 0.5, and 0.8 where Scheme A is
applied.
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Figure 3.15: Spanwise () distributions with flap-section drag polars and optimal
C; distributions. Provided for C'f, values of 0.2, 0.5, and 0.8 where Scheme B is

applied.

The relationships described in the final two example cases are discussed further
in Sec 3.2 and 3.3 as it can be shown that the sweep of the wing and the zero-lift

pitching moment of the airfoil plays an integral part in the discussion.

3.2 Effects of Change in Sweep Angle

Highlighted in the methodology section was the importance that the governing

variable (CM“w)b . has in the current problem for determining minimal induced

asic
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drag as well as achieving trim. Recall that (OMacw)basic describes the coefficient
of the moment that is produced by the spanwise basic lift of the wing, and will
be changed as the wing aerodynamic center is varied. And since the location
of the wing aerodynamic center depends largely on sweep angle (A), it becomes
necessary to study the effects that A has on the results obtained from the four
previous example cases.

The role that (CMWU)

basi plays for minimizing induced drag was discussed in
asiC

Sec. 2.2.2. There, the constrained value of (C’MM> was solved for utilizing

basic

Eq. 2.31, and provides a good indication of the importance A has for determining

this value. This equation is reproduced here for clarity.

(Crtae )™ = CL Vo g — Yoyl tan() (3.1)

basic Cref

Consider now the previous examples and compare total drag as A varies. Fig-
ure 3.16 displays this comparison for both Scheme A and Scheme B. Part (a)
of Fig. 3.16 displays how A affects total drag when Scheme A is implemented
for each airfoil. Considering Eq. 3.1, it is evident that larger values of A result
in greater positive pitching moment produced by the basic lift. Larger A values
are beneficial for the CAM BERFED airfoil as a positive static margin is desired
and the section pitching moment of the airfoil is negative. This requires positive
moments to offset those created by the airfoil sections, which is achieved through
a combination of the basic lift and the meanflap. It follows that because when
A is greater it creates a larger positive moment, then there is a reduced need
for meanflap deflection to achieve trim. This result is displayed in Part (a) of
Fig. 3.17 where the values of meanflap required to trim at each C7, is plotted for
each sweep case. It is clearly seen that for the CAM BERED airfoil the meanflap

deflections are of substantially less magnitude for the higher sweep cases when
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Figure 3.16: Comparison of total drag for differing sweep angles with (a) SchemeA
applied and (b) Scheme B applied.

implementing Scheme A. And as stated previously, the lower flap deflection will
result in a reduced component of profile drag and thus reduced total drag.

Considering the REFLEX ED airfoil in part (a) of Fig. 3.16, the effects of A
are shown to act opposite of the CAMBERED airfoil. For the REFLEXED
airfoil the section pitching moment is positive. Thus, as sweep increases, the
pitching moment is going to grow larger, indicating a need for higher positive
meanflap deflections to offset it. This is shown in part (b) of Fig. 3.17, where it
follows that A = 35 deg will incur greater amounts of profile drag and lead to the
result displayed in Fig. 3.16.

Part (b) of Fig. 3.16 displays a comparison of total drag for differing sweep an-
gles, Scheme B applied. Again, it shows that higher sweep results in less total drag
for the CAM BERED airfoil while higher sweep will generally result in increased
drag for the REFLEXED airfoil. For these cases the meanflap deflections will
be similar, as this is dictated by the nature of the airfoil LDR. These meanflap
deflections will be small and not sufficient to trim the aircraft. Therefore, the

basic lift will be necessary for counteracting the section pitching moments. In the
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Figure 3.17: Comparison of meanflap for differing sweep angles, Scheme A applied
to (a) the CAMBERED airfoil and (b) the REFLEXFED airfoil.

case of the CAM BERED airfoil a positive moment will be required of the lift to
trim, while in the case of the REFLEX E D airfoil a negative moment is required.
It has been shown that minimum induced drag produces a positive moment and
is larger at higher sweep angles, a benefit to the CAMBERFED airfoil, as the
positive moment required will mimic the moment produced by elliptical loading.
The higher sweep will again act detrimental to the REFLEXFED airfoil as the
negative moment required by this design will create a lift distribution that pulls
farther from optimal as A increases.

It can be deduced that for the current problem, higher sweep angles are bene-
ficial for reducing drag. Clearly, this was shown by the CAM BERE D airfoil, and
while the REFLEXED airfoil did display the opposite effects, the drag differ-
ences were of small order. Thus, incorporating sweep should increase the design
possibilities for airfoil selection and design in general of adaptive tailless aircraft

utilizing these drag reduction schemes.
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3.3 Effects of Change in Airfoil-Section Camber

Just as the effect that sweep has on (CMacw>b _ was discussed in the previous
asic

section, it is important to explore how airfoil-camber change, and thus airfoil

. The variable (C’Ma%) was

section pitching moment, has on (C MMM) y
sections

sections
used as a control variable to offset the moment that is produced by the spanwise
lift of the wing, and is dominated by the airfoil design pitching moment as well
as the wing meanflap deflection.

Figure 3.18 explores how total drag is affected when two different airfoils with
similar lift and drag characteristics but substantially different zero lift pitching
moment (C,,,) values are utilized for the same configurations. Part (a) of the figure
compares the response of the airfoils when implementing Scheme A for different
sweep angles. Part (b) of the figure compares the response of the airfoils when
implementing Scheme B for different sweep angles. Highlighted in the previous
section was the fact that increased sweep tended to benefit the CAM BERED
airfoil, while increased sweep acted somewhat detrimental to the REFLEXED
airfoil. This fact is reinforced by Fig. 3.18, where the direct comparison of total
drag shows that at lower sweep the REFLEXFED airfoil performs best while at
higher sweep the CAM BERED airfoil generally saw benefits.

When implementing Scheme A it is the meanflap setting that is essential for
trimming the aircraft, but is also the main factor in profile drag reduction. Fig-
ure 3.19 displays the response of the meanflap when Scheme A is implemented.
Recall that the CAM BERED airfoil has a C,,, of —0.0802 and the REFLEXED
airfoil has a C,, of 0.055. Thus, it is expected that the CAM BERFED airfoil will
require negative meanflap settings to trim and the REFLEXFED airfoil will re-
quire positive settings, which is indicated by the figure. It is evident that the

magnitude of meanflap deflection is lower for the REFLEXFED airfoil at low
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Figure 3.18: Comparison of total drag for differing airfoil camber with (a)
Scheme A applied and (b) Scheme B applied.

sweep while at high sweep the magnitude of meanflap deflection is less for the
CAM BERED airfoil. This explains the previous section findings that has higher
sweep greatly benefiting the CAM BERED airfoil.

Part (b) of Fig. 3.18 represents a comparison of total drag for the cases where
minimizing profile drag is the focus, and displays the influence of airfoil section
pitching moment. The results presented are similar to the findings in part (a),
with the REFLEXFED airfoil having reduced total drag at the low sweep angle,
while the CAM BERED airfoil performed better at increased sweep. The same
arguments apply in this case as in the previous section, where the high sweep angle
will bring the positive moment required to trim the CAM BERED configuration
nearer to elliptical loading, and thus result in lower total drag for this A.

The results of these comparisons display the importance that camber has on
the current problem. Of particular importance is the results at the lower sweep
angle. While it was highlighted in the previous section that increased sweep tends
to allow greater airfoil design possibilities, this section highlights the importance

that airfoil design has for reduced sweep configurations. Thus, if considering
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Figure 3.19: Comparison of meanflap for differing airfoil camber, Scheme A ap-
plied to (a) A =20 deg and (b) A = 35 deg.
the a low-sweep design for the current methodology, utilizing a reflexed airfoil is

beneficial.

3.4 Effects of Static Margin Change

Stressed throughout this thesis is the importance that longitudinal stability has
for the design of tailless aircraft. In fact, it was mentioned in Sec. 1.1 that tailless
aircraft have the reputation of being particularly difficult for achieving longitudi-
nal stability and trim, and thereby limiting their usage. Thus, it was desirable
to study the adaptive methods for drag reduction used by the current work with
respect to differing static margins, highlighting the effects of longitudinal stability.

The previous example cases (Secs. 3.1.1 — 3.1.4) along with the sweep and cam-
ber comparisons (Secs 3.2 & 3.3) were all conducted for a hypothetical tailless
aircraft which maintained a static margin of 10%. This value ensured longitudi-
nal stability would be achieved for all tests, providing it only necessary for the

methodology to achieve trim conditions. It was chosen to reduce static margin
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to 0% in order to test a case of very much reduced stability, and also test static
margins of 20% to test a highly stable tailless aircraft. Displayed in Figs 3.20
and 3.21 are these tests conducted for the differing schemes, airfoil sections, and
sweep angles. They provide a direct comparison of how total drag is influenced

margin in each case.

Scheme A Scheme B Scheme A Scheme B

L L
0.04 0 0.04

“o 0.02 0.04

Figure 3.20: Static margin comparison for sweep angle of 20 deg for the (a)
CAMBERED airfoil and the (b) REFLEXED airfoil.

Figure 3.20 displays total drag comparisons for the configurations where sweep
angle is equal to 20 deg. It is clear in the case of the CAM BERED airfoil that
as static margin increases from 0% to 20%, total drag also increases, while in the
case of the REFLEXFED airfoil, high SM does not necessary lead to high total
drag. An explanation of these results is often the argument for utilizing a reflexed
airfoil for tailless configurations. If one considers a trimmed aircraft with positive
lift, it follows from the desirable positive SM that the pitching moment about the
aerodynamic center must also be positive. And because tailless aircraft do not
have a secondary horizontal surface to offset a negative moment produced by a
cambered wing, it is often necessary to create a wing whose airfoil sections have

a positive moment, leading directly to the reflexed airfoil section. Benefits of the
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reflexed airfoil section for tailless aircraft are evident, and are displayed by this

figure when compared to the cambered section.

Scheme A Scheme B Scheme A Scheme B

“o 0.02 0.04 0

Figure 3.21: Static Margin comparison for sweep angle of 35 deg for the (a)
CAMBERED airfoil and the (b) REFLEXFED airfoil.

Figure 3.21 displays results of the same form for the 35 deg sweep cases, and
indicate similar consequences of static margin change. Again, part (a) displays
how the CAMBERED airfoil section responds to SM change, and again it is
clear that as stability is gained, drag is sacrificed. Conversely, the REFLEX ED
airfoil section again shows benefits of increased stability, as total drag is highest
when SM is 0%.

Presented in previous sections were benefits that particular design variables,
namely quarter-chord sweep angle and zero-lift airfoil pitching moment, have for
the the reduction of total drag. Now emphasized are the effects of another design
variable, static margin, showing clearly that proper airfoil selection can result in

a very stable tailless aircraft while maintaining low drag.
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Chapter 4

Concluding Remarks

4.1 Summary of Results

Results have been presented pertaining to solving the problem of minimizing total
drag with a longitudinal-trim constraint for an adaptive tailless aircraft. The wing
adaptation method for the test cases presented here was variable spanwise camber
through the use of multiple trailing-edge flaps, where the total number of 20%-
chord flaps per half span was five. Methods for specific drag reduction, namely
induced drag and profile drag, were tested and compared for a wide range of (',
values. The research was conducted with the intention of studying current wing
adaptation techniques applied to unconventional configurations due to increased
interest in the subject of wing adaptation.

Highlighted through multiple example cases are the effects that trim require-
ments have on reducing induced drag and profile drag for adaptive tailless aircraft.
Cases were provided for tapered, planar wings with sweep angles of 20 deg and
35 deg in order to study the effects that sweep angle has on the problem. Also,
each configuration was tested with both a cambered airfoil and a reflexed airfoil
in order to highlight the influence of airfoil C,,,.

The methodology tested proved to be successful for solving the problem at

hand, as elliptical loading was achieved when induced drag was to be minimized
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and the wing sections were shown to operate in the LDR when profile drag was to
be minimized, with all cases maintaining longitudinal-trim and lift requirements.
For each configuration total drag was presented for comparison purposes, high-
lighting the responses of the methodology to the different configurations. Each
case provided unique results, indicating the importance of both induced and pro-
file drag reduction. For three of the example cases, namely the CAMBERED
airfoil at sweep angle of 20 deg and the REFLEXFED airfoil at both sweep an-
gles, it was shown that induced drag was the most important factor for reducing
total drag. In the case of the CAM BERED airfoil at sweep equal to 35 deg, it
was shown that profile drag reduction provided optimal results.

Sweep effects were shown to be a large factor for maintaining longitudinal
trim and achieving lowered drag. Highlighted were the benefits for using aft-
swept configurations of 35 deg verses 20 deg for the CAM BERED airfoil when
implementing both induced and profile drag reduction schemes. When induced
drag minimization was the primary goal, the benefits were realized due to the
lesser degree of meanflap deflection necessary to trim the aircraft, while when
profile drag minimization was the primary goal, it was evident that the higher
sweep angle case resulted in a more elliptical load distribution, thereby reducing
induced drag. For the REFLEXFED airfoil it was shown that lesser amounts of
sweep provided greater drag benefits, however small. Thus, in considering possible
design configurations for this methodology, an increased sweep angle should allow
more freedom for total drag reduction.

Differences in airfoil C,,, were tested through the use of two different airfoil
sections: a cambered airfoil named CAM BERED which maintained a C,,, of
—0.0802 and a reflexed airfoil named REFLEXED which had a Cy,, of 0.055.
The reflexed airfoil was designed specifically for this effort and maintained lift

and drag characteristics similar to that of the cambered airfoil for comparison
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purposes. Indicated by the results were the benefits for each airfoil. The positive
Cpm, of the REFLEXED airfoil proved beneficial for the drag reduction schemes

at a sweep angle equal to 20 deg, while the negative C,,, of the CAMBERED

0
airfoil shows benefits for the sweep cases of 35 deg. These benefits displayed by
the CAM BERFED airfoil exist, but are small compared to the benefits shown by
the REFLEXED airfoil at 20 deg, thus it was shown that airfoil selection takes
on greater importance at lesser sweep angles, resulting, again, in greater design
possibilities for increased sweep. Along with sweep angle, the differences in C,,,
provided insight into how the current problem responds to design changes, and
allow for direction into future design concepts.

Finally, a brief study of static margin variation was conducted, showing the
tendencies of the schemes as longitudinal stability was increased and reduced.
It was clear that in the case of the CAMBERED airfoil, increased stability
lead directly to increased drag. While in the case of the REFLEXFED airfoil,

drag benefits were shown to increase as stability was gained. This trend further

validates the use of a reflexed airfoil section for future tailless designs.

4.2 Future Work

While the study of adaptive aircraft utilizing multiple TE flaps has produced some
conclusive results, this adaptation concept applied to tailless aircraft is less than
mature. Opportunities exist for more comprehensive studies exploring the effects
that sweep angle and airfoil camber change have on drag reduction. For instance,
the limits of beneficial sweep angles could be explored relating to the effectiveness
of the methodologies introduced for drag reduction with respect to longitudinal
stability. This could lead to an optimal range of sweep angles for tailless aircraft

employing these techniques. Also, the the results presented here point to the
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possibility for specific airfoil design with respect to C,,,. It has been shown that
certain benefits are realized by the trend of near-zero or positive airfoil C,,, and
might be furthered with more careful design.

The results presented in this thesis show beneficial trends toward a highly
swept tailless aircraft, utilizing either a cambered or a reflexed airfoil. Also dis-
played were the benefits of utilizing a reflexed section on the lesser-swept config-
uration. Coincidentally, similar techniques have been employed of many of the
tailless aircraft designed today, which is positive reinforcement for the ideas pre-
sented. Therefore, in the future emphasis could the placed on such designs for
employing the methodology introduced by this thesis and might result in a plat-
form for employing multiple TE flaps on a tailless aircraft for the purposes of drag

reduction.
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