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This paper describes recent progress at the NASA Glenn Research Center (GRC) in the 
development and demonstration of an integrated high-propellant throughput small spacecraft 
electric propulsion (HT-SSEP) system based on a Hall-effect thruster. A center-mounted 
cathode and an innovative magnetic circuit topology were implemented in the design of the 
Hall-effect thruster to achieve high-propellant throughput, high performance, and efficient 
packaging. To minimize technical risk, the HT-SSEP development approach sought to limit 
design features and materials to those with a clear path-to-flight. A propellant throughput 
capability of greater than 100 kg at a minimum thruster efficiency of 50% was targeted. The 
proof-of-concept NASA-H64M laboratory model (LM) thruster was designed, fabricated, and 
tested at GRC in fiscal year 2018. The thruster development leveraged heritage Hall-effect 
thruster design and manufacturing processes wherever appropriate. Recent NASA advances 
in Hall-effect thruster technology were also leveraged. A scalable discharge power supply 
(DPS) capable of powering the H64M-LM was developed, then demonstrated as part of an 
integrated system test. The DPS uses commercial off-the-shelf components with spaceflight 
equivalents. A keeper supply with DC ignitor was breadboarded, then demonstrated with a 
laboratory cathode. Finally, feed system trade studies were performed to ascertain what feed 
system architecture might be appropriate for an HT-SSEP system. This paper details the 
motivations for the project, the development approach, the chosen sub-system architectures, 
design considerations, and test results. 

I. Introduction 
NASA is well-positioned to expand the utilization of lower-cost small spacecraft beyond low earth orbit (LEO) by 

developing a high-performance and high-propellant throughput small spacecraft electric propulsion (HT-SSEP) 
system leveraging NASA advances in Hall-effect thruster technology. By doing so, NASA can advance its strategic 
goal to increase the use of small spacecraft to accomplish its science goals [1]. The lower development and launch 
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V. Architecture 

A. Thruster Architecture 
The thruster architectures considered were limited exclusively to those fitting the classification of Hall-effect. An 

architecture employing a center-mounted cathode was selected for its proven performance and packaging benefits. 
Electromagnets (rather than permanent magnets) were selected to allow for switching the direction of the magnetic 
field and in turn the induced swirl torque. This capability reduces the attitude control burden on the host spacecraft. 
An innovative magnetic field topology limiting discharge channel erosion was selected to achieve the performance 
and propellant throughput requirements. A cathode employing a swaged heater for conditioning was baselined (rather 
than a heaterless cathode) based on the project’s preference towards high-TRL technologies wherever possible to limit 
development risk as well as to avoid imposing additional complexity on the PPU and feed system architectures. 

B. PPU Architecture 
Development of the PPU architecture was driven largely by three desired attributes. First, the architecture should 

be sufficiently scalable and flexible to permit operation of more than one domestic low-power Hall-effect thruster. 
Thrusters considered in the trade space included the NASA-H64M, NASA-H71M (under-development), JPL MaSMi-
DM, Busek BHT-600, Busek BHT-200, and Apollo Fusion ACE. Compatibility of any thruster was not required if 
determined that a significant increase in PPU cost was anticipated. Second, the architecture should favor simplicity 
(i.e. recurring unit cost) over performance. Third, the architecture should favor approaches minimizing current and 
future development costs. Note that minimizing current development cost of a PPU favors solutions familiar to the 
development team. The architecture described here is believed appropriate for small spacecraft and readily achievable 
given the particular knowledge and experience of the SKEP PPU development team. Other low-power PPU 
implementations may be equally worthy and preferred by other development teams. The chosen PPU architecture for 
further development by GRC is shown in Figure 2. 

 

 
Figure 2: Scalable common PPU architecture for low-power small spacecraft. 
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Figure 3: PPU packaging concept. 

C. Propellant Feed System Architecture 
For the purpose of HT-SSEP early development, a laboratory feed system was implemented. However, to develop 

adequate thruster and PPU requirements, the flight feed system architecture needed to be considered. Various 
configurations were traded. At one end of the spectrum, the feed system team considered a xenon flow control module 
(XFCM) providing only binary states. For example, given the fixed output pressure of the PMA, a feed system can be 
implemented with low-cost flow restrictors and latch valves where only one or two flow conditions are permitted. The 
key benefit to such an approach is low cost. Drawbacks include considerable variability in the nominal mass flow 
between units based on manufacturing tolerances. Furthermore, mass flow rate can vary with changes in environmental 
conditions. On the other end of the spectrum, the team considered heritage GRC XFCM assemblies and those baselined 
for future use on high-power SEP systems. While these feed systems offer considerable capability and often 
redundancy, their cost, size, and complexity substantially exceed the needs of the average NASA/industry small 
spacecraft mission considered. 

The development team’s preferred concept for the HT-SSEP feed system architecture fell somewhere in between 
and is shown in Figure 4. The wide operating range of the thruster can be accessed by regulating a single proportional 
control valve (PFCV). While ideally both the anode and cathode would have independent PFCVs to optimize 
performance, the added complexity was not justifiable for a low-cost small spacecraft. Furthermore, a separate PFCV 
on the cathode line may necessitate the added complexity and cost of a cathode pressure sensor to support feedback 
control. Whereas, the anode flow rate can be reliably regulated based on the discharge current once the thruster is 
operational. Since discharge current monitoring exists in the PPU by default, no additional sensing is required. The 
least complex solution to provide the cathode with a known flow rate is use of flow restrictors to split propellant 
supply to the cathode at between 5-10% of the anode flow rate. While conceptually simple, the approach does have 
some drawbacks. Matching precision orifices or other flow restricting devices to provide the desired flow fractions to 
both the anode and cathode comes with some uncertainty. As such, the cathode flow fraction needs to be set 
conservatively rich (closer to 10% than 5%). This reduces the effective specific impulse of the propulsion system. 
Also, the cathode flow fraction cannot be optimized on orbit depending on the desired operating condition. Since small 
spacecraft are anticipated to operate primarily at only one or two operating conditions over their lifetime, limiting the 
ability to optimize the cathode flow fraction seems reasonable. The flow fraction would be optimized for the HT-
SSEP system’s nominal operating condition, while ensuring acceptable operating behavior at off-nominal conditions. 
A small decrease in total specific impulse was determined a reasonable trade to limit cost, complexity, mass, and 
packaging envelope of the feed system. 

It is also anticipated that the PFCV is a normally-closed valve and doubles as an isolation valve. The PMA is 
anticipated to provide at least two additional isolation valves, controlled by the spacecraft, in series to protect against 
leakage. The XFCM would also include a survival heater to be regulated by the spacecraft or the XFCM installed in 
a spacecraft location to benefit from existing spacecraft thermal controls. 
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Figure 4: Feed system architecture concept. 

VI. Hardware Component Development 

A. Magnetic Circuit Development 
The NASA-H64M thruster’s innovative magnetic field topology was designed and simulated in a commercially 

available magnetics modeling software to provide characteristics found in recent NASA developments necessary to 
achieve high thruster performance with high-propellant throughput capability. At the same time, the field topology 
was optimized for a small spacecraft thruster design, which has some differing development challenges from its high-
power counterparts. While the initial magnetic circuit simulations were performed using a 2-D model of the thruster 
to define rough geometries, the final detailed magnetic circuit simulations utilized a full 3-D CAD model consistent 
with all thruster features as represented in manufacturing drawings. 

Extensive and detailed experimental magnetic field mapping of the assembled magnetic circuit was performed. 
Two dimensional and linear maps were performed at various thruster magnetic current settings. Mapping results 
showed excellent agreement with magnetic simulation predictions (both 2-D streamline and linear maps along 
discharge channel centerline). For example, in Figure 5, the thruster’s normalized measured channel centerline 
magnetic field profile at various azimuthal locations proves to be axisymmetric (as predicted by the magnetic 
simulation). The profile shown in Figure 5 resulted in the desired thruster performance. A short-duration wear test 
also confirmed the design intent to achieve limited erosion of the discharge channel and propellant distributor. 

 
Figure 5: Channel centerline magnetic mapping results at various azimuthal angles for the NASA-H64M-LM 
thruster. 





10 
 

 
Figure 7: Azimuthal neutral flow uniformity results at the mid-channel, channel-centerline location for the 
NASA-H64M-LM propellant distributor operating with a 25-sccm xenon flow. 

C. Low-Current Hollow Cathode Assembly Development 
The GRC-heritage cathode assembly, illustrated in Figure 8, consists of six primary components broken down by 

function: a) the refractory metal tube and orifice plate which contain the emitter and maintain a relatively high local 
pressure during propellant flow; b) the low-work function emitter which generates the charged particles to efficiently 
maintain a plasma inside the cathode; c) the swaged heater and the radiation shield provide heating of the emitter 
during conditioning and ignition processes; and d) the keeper, which is used to ignite the discharge within the cathode, 
support low current cathode operation, and protect orifice plate from particle bombardment during primary discharge 
operation. 

 
Figure 8: Illustration of cathode developed for H64M thruster. 

This type of hollow cathode has been used in many types of electric propulsion. GRC’s use of these devices 
include: 

1. the International Space Station (ISS) Plasma Contactor Units (PCU) where GRC engineers designed, 
manufactured, tested, and delivered the hollow cathode assemblies, 

2. NASA missions Deep Space 1 and Dawn employed cathodes based on the ISS PCU design as part of the 
successful use of gridded-ion engines for primary propulsion, and 

3. the NEXT Ion Engine [8] and AEPS Hall thrusters both use hollow cathodes whose designs evolved from 
the previous programs and employed many of the same processes for cathode fabrication and use. 

The NASA-H64M cathode assembly maintains these heritage design approaches wherever possible, although some 
allowances were made for the unique packaging requirements. 
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To operate nominally over the range of 1 to 3 amps emission current with an anticipated lifetime in excess of 
10,000 hours, the hollow cathode design was scaled from prior instances in order to meet the necessary thermal 
requirements for efficient plasma production. Building off prior work on small cathodes [9] [10] [11], the cathode was 
sized to ensure the cathode reached the required temperatures as well as fit within the volume allocation within the 
H64M thruster. The cathode tube and orifice dimensions were scaled based on lessons from the prior work to ensure 
the emitter temperature reached the nominal operating temperature of 1050 C [12] and maintain a sufficiently high 
internal pressure. 

Once cathode assemblies were fabricated, they underwent testing in GRC’s VF-56 vacuum test facility. These 
tests determined the appropriate heater operating conditions for cathode conditioning and ignition, demonstrated diode 
and triode mode operation to the keeper and an external anode respectively, and characterizing plume-mode transition 
behavior. Additionally, cathode temperature measurements were made via thermocouples and optical pyrometry. 
Figure 9 shows representative data from the first fabricated cathode installed in the H64M indicating discharge voltage 
as function of emission current and xenon flow rate. The results are in line with expectations based on prior GRC 
cathode development work. 

An alternative approach that exists for power-restricted thruster systems is to use a heaterless hollow cathode. 
Rather than initiating thermionic electron emission by pre-heating the cathode emitter with a swaged heater, the PPU 
raises the keeper voltage until a Paschen breakdown occurs. As the cathode self-heats, the emitter transitions to 
thermionic emission for cathode operation. Heaterless cathodes, in principle, resolve a potential risk by eliminating 
the need for the swaged heater of heritage devices that requires burdensome process control. While heaterless cathodes 
have been used in industrial processes where maintenance can be accommodated, they are still considered low TRL 
for spaceflight application because the approach has not been validated in ground life testing or space use. 
Additionally, the heaterless cathode startup can place an increased burden on the complexity of the PPU and propellant 
feed system design [13]. Thus, the operational benefits by implementing a heaterless cathode need to be carefully 
assessed against other system impacts to complexity and cost. 

A more tangible advantage of the heaterless cathode is its packaging benefits. For small thrusters, removing the 
cathode heater provides an attractive relaxation of design limitations for center-mount cathodes. With heaterless 
cathodes, Hall-effect thrusters with center-mount cathodes can in theory get smaller than exemplified by the NASA-
H64M-LM. That said, at the scale of the H64M, a largely heritage cathode with swaged heater has been demonstrated 
to package acceptably. As such, given the project preference towards heritage technologies for this development, the 
swaged heater approach was baselined. 

 

 
Figure 9: Hollow cathode diode-mode characterization as a function of xenon flow rate. 
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Figure 10: Single DPS module efficiency versus power at 350-V output condition for 24-V, 28-V, and 34-V 
input. 

Following successful demonstration of a single DPS, two additional DPS modules were populated (including a 
master controller) and connected in a parallel-output configuration, shown in Figure 11. They were subjected to 
comprehensive performance and functional testing including efficiency, regulation, transient response, and loop 
stability. The three modules together had similar performance to the single module setup, but further improvement is 
anticipated. When the three-module results in Figure 12 were recorded, only one of the three boards included all 
improvements to date. Specifically, two of the modules used COTS input filter inductors, rather than a custom inductor 
design. Regardless, the three-module configuration at lower power output demonstrates low system power loss that is 
acceptable over the full design operational range. 

  
Figure 11: Three-module breadboard discharge power supply; layout to be optimized for parts density in 
future iterations. 
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Figure 12: Three DPS module efficiency versus power at 350-V output condition for 24-V, 28-V, and 34-V 
input. 

E. PPU Auxiliary Module Breadboard Development 
The PPU further requires auxiliary supplies that provide power for the thruster’s electromagnets, cathode heater, 

and cathode keeper. A flyback topology was selected for its simplicity and its ability to meet requirements for all three 
auxiliary power supplies. The converter can be configured to output modestly high voltages (~150 V) desirable during 
cathode keeper ignition or configured for the lower voltages necessary to power the electromagnets and cathode heater 
(~10 V). The flyback topology offers the necessary isolation between the input and output. Use of a common topology 
between the three auxiliaries will minimize the development and recurring unit cost. Enforcing a common topology 
may result in lower auxiliary supply electrical efficiencies than otherwise achievable, but given that the DPS dominates 
power consumption by an order of magnitude, inefficiencies in the auxiliary supplies have minimal impact on the 
overall PPU electrical efficiency. A switching frequency of 100 kHz was selected for mass and volume reductions. 
As a proof-of-concept, a cathode keeper supply was designed, built, and demonstrated as first a solderless breadboard 
and then PCA. Although the auxiliaries will eventually be nearly identical, the most challenging of the three 
applications is the cathode keeper power supply with its higher output voltage requirement. While typical keeper 
supply operation draws about 5 W, the keeper supply is required to output 30 W at up to 40 V and 1 A steady-state. 
As with the DPS, the input voltage range is 24 to 34 VDC. During cathode keeper ignition, a zero-load voltage in 
excess of 100 V was targeted. The minimum efficiency and output current ripple targets were 80% and 5%, 
respectively.  
 Once fabricated, extensive benchtop testing on a resistive load was performed. An example dataset is provided in 
Table 2. Data was recorded for the maximum current output of 1 A and the two voltage output conditions of 15 and 
30 V for input voltages of 24, 29, and 34 V. In all instances, the calculated efficiency is about 80 percent. 
Considerable room for improvement still remains with the cathode keeper breadboard, so the calculated efficiency 
should be considered a lower bound. 

Following benchtop testing, the breadboard cathode keeper supply was tested with a low-power cathode in GRC’s 
VF-56 vacuum test facility. The test demonstrated repeated cathode ignitions and steady state operation. Operating 
range was demonstrated with output currents ranging from 0.3 to 1 A.  
  



15 
 

Table 2: Cathode keeper breadboard benchtop testing on a resistive load. 

Load [Ohms] Vin [V] Power [W] Iout [A] Efficiency 
15.2 24 19.3 1.0 78.8% 
15.2 29 19.1 1.0 79.6% 
15.2 34 19.1 1.0 79.6% 
30.1 24 37.5 1.0 80.3% 
30.1 29 37.2 1.0 80.9% 
30.1 34 37.0 1.0 81.4% 

F. PPU Keeper Ignitor Breadboard Development 
 The cathode keeper at beginning of life often requires little more than 30 V to reliably ignite the cathode. However, 
as the cathode ages, cathode ignition may require noticeably higher voltage. Using a flyback converter for the cathode 
keeper supply, well over 100 V can easily be achieved at no load, which provides significant margin. Even so, heritage 
GRC designs have utilized 600 V pulsed to guarantee cathode ignition across the propulsion system’s lifetime and 
exposure to a range of environments.  
 While the GRC-heritage, high-voltage pulsed ignitor is relatively large, complex, and costly to achieve the desired 
pulse characteristics, these properties are rather modest compared to the overall size, complexity and cost of a PPU 
for moderate to high-power applications. If however applied to a low-power PPU, the heritage pulsed ignitor fails to 
scale appropriately and becomes a disproportionate contributor to the low-power PPU’s size and cost. The two 
prevailing paths forward were to either attempt development of a new pulsed ignitor for low-power needs based on a 
different topology than the heritage PPUs, or to simplify the requirements. The project ultimately decided that the 
most appropriate approach was a high-voltage DC ignitor. A high-voltage DC ignitor is a very simple, compact, and 
low-cost circuit consistent with the needs of small spacecraft. While a DC ignition may be marginally less reliable 
than a pulsed ignition, it is the common cathode ignition approach in laboratory settings with demonstrated reliability 
as long as the cathode emitter is handled in accordance with documented handling and conditioning procedures. 
 The cathode keeper ignitor is configured in parallel with the cathode keeper supply, ramping to a maximum of 600 
V until cathode ignition is achieved. A blocking diode protects the cathode keeper supply output from the DC ignitor 
high voltage as shown in Figure 13. 

 
Figure 13: Schematic of cathode keeper ignitor configured in parallel with the cathode keeper supply output. 

 The proof-of-concept breadboard ignitor was built with a COTS high-voltage DC-DC supply. The DC-DC supply 
is a high-reliability part tested per MIL-STD-883. However, the path-to-flight for this COTS part is uncertain. Once 
constructed in a breadboard, the ignitor was evaluated using an 1/8” low-power laboratory cathode in GRC’s VF-56 
vacuum test facility. Once the cathode heater reached ignition temperatures, the cathode keeper supply was activated 
to 22 V, a voltage known to be too low to ignite the cathode but high enough to maintain the cathode if ignition was 
achieved. Activating the 2-mA ignitor circuit caused the keeper output voltage to increase until approximately 30 V 
was exceeded, and ignition successfully occurred with the operational voltage dropping to approximately 21 volts. 
The ignition sequence was repeated several times to verify consistent operational behavior. Figure 14 shows a 
characteristic oscilloscope trace with the ignition behavior described. 
  



16 
 

 
Figure 14: Characteristic oscilloscope trace from cathode ignition demonstration using an 1/8” low-power 
cathode in GRC’s VF-56 with a breadboard ignitor based on COTS components. 

 Since the hot cathode required only a minimal increase in voltage to initiate the plasma, the test was repeated with 
a cold cathode to make sure the ignitor was capable of achieving high voltages. While connected to the laboratory 
data acquisition system (DAQ), the ignitor supplied a peak of 460 V to the cathode keeper. Disconnecting the DAQ, 
which included a voltage divider resulting in parasitic loss, the expected 600 V was demonstrated. 
 Given concerns regarding the COTS DC-DC converter’s path-to-flight, a custom high-voltage DC ignitor supply 
was designed using a push-pull circuit with a voltage multiplier, as seen in Figure 15. The circuit can easily generate 
high voltages from the nominal 28-V input and scale to higher voltages by adjusting transformer turns ratio or adding 
multiplier stages. The proof-of-concept used open-loop, unregulated operation for simplicity. The transformer 
minimum size was limited by in-house magnetics fabrication capability. A 100-kHz switching frequency was 
implemented in the same manner as the auxiliary supplies, although higher frequency can further reduce the circuit 
size. Figure 16 provides an exemple waveform from testing of the proof-of-concept, custom high-voltage DC ignitor 
supply. As configured, the ignitor generated ~375 V from a 20-V input. The ignitor will be further refined and included 
in the next cathode keeper supply PCA. 
 

 
Figure 15: Schematic of keeper voltage multiplier ignitor. 
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Figure 16: Sample waveform from benchtop testing of a proof-of-concept, custom high-voltage DC ignitor 
supply with path-to-flight. 

VII. NASA-H64M-LM Thruster Test Results 
Performance, stability, wear, and thermal characterization was conducted on the NASA-H64M-LM to demonstrate 

the design’s viability for supporting small spacecraft propulsive needs. A wider-channel modification (15% wider) of 
the NASA-H64M-LM thruster, referred to herein as the NASA-H64M-LMW, also underwent performance and 
stability characterization to quantify the design trades between thruster performance and discharge channel wall 
robustness. Table 3 summarizes the major test phases. 

Table 3: Summary of major thruster testing phases for the NASA-H64M-LM and the NASA-H64M-LMW. 

Phase Thruster Description Duration [hr] 

A LM 
Performance and stability characterization: 200 to 600-W discharge 
power, 200 to 350-V discharge voltage, magnetic and cathode flow 
fraction mapping 

27 

B LM Short duration wear: 500-W, 300-V discharge condition 275 

C LM 
Performance and stability characterization: 200 to 600-W discharge 
power, 200 to 350-V discharge voltage, magnetic and cathode flow 
fraction mapping 

5 

D LM Thermal characterization: 300 to 600-W discharge power, 300 and 
350-V discharge voltage 18 

E LM Accelerated wear characterization: 500-W, 300-V discharge 
condition 108 

F LMW 

Performance and stability characterization: 300 to 700-W discharge 
power, 300 and 350-V discharge voltage, magnetic and cathode 
flow fraction mapping, integrated demonstration with breadboard 
discharge module 

10 

  Cumulative Thruster Operation 443 hrs 
 
All major test phases except for Phase E are presented in this paper. Results from Phase E will be presented as part of 
a future publication. 
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