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Abstract. In the design of fuselage structure, not only the longitudinal stability should be
considered, but also the circumferential stability of fuselage structure is important because of
its circumferential bearing of bending moment, shear force and axial force, as well as
considering crash conditions. In this paper, the circumferential stability test researches of the
fuselage structure were performed on the single-frame curved panel test specimens. The
buckling and post-buckling characteristics of the single-frame curved panel under the negative
bending condition were examined by four-point bending loading method. At the same time, the
buckling mode, failure process and damage mechanism of single-frame curved panel were
analysed through the load-strain curves of the skin and the different degree of damage of the
three test specimens. The experimental results show that the buckling of skin is an important
factor causing the debonding between the cap-stringers and the skin. The expansion of the
debonding area greatly reduces the bearing capacity of the curved stiffened panel structure,
which eventually leads to the breakage of the frame.

1.Introduction

Composite materials have been widely used in aerospace industry due to their considerable stiffness,
strength-weight ratio and design characteristics. In the past decades, many more effective composite
structures, such as composite laminates, honeycomb sandwich structures and three-dimensional
braided materials, have begun to replace a large number of metal materials [1-3]. In the research and
development of some new civil and military aircraft, all-composite fuselage has been developed. Its
structure is similar to that of traditional fuselage, and consists of skin, circumferential partition frame
and axial long truss, which is the typical bearing form of fuselage [4-7].

In practical structures, composite stiffened panels are often subjected to axial compressive loads,
which can easily lead to structural buckling [8-9]. Moreover, a large number of studies have found that
stiffened panels still have a long bearing stage after buckling, which is called post-buckling stage. The
post-buckling study of composite stiffened panels can give full play to the bearing advantages of
composite structures and further reduce the weight of structures [10-13]. However, up to now, there
are no specific guidelines for the post-buckling design of stiffened composite plates. Therefore, it is
very important to study the stability behaviour of stiffened plates [14-15].

Composite fuselage is a typical stiffened panel structure, its axial compression stability is a
necessary factor for assessment, and the circumferential stability is also very important. The fuselage
section is subjected to compressive shear and bending loads along the circumferential direction,
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among which the bending load is the most important, which mainly examines the ability of the
fuselage section to maintain structural integrity under static or collision conditions. Therefore, it is an
important part of fuselage design to study the circumferential stability of fuselage structure and
evaluate its instability and failure modes under circumferential bending load [16-18]. The buckling
and post-buckling characteristics of single-frame curved panels intercepted from composite fuselage
structure under pure bending were studied by four-point bending loading method. The failure modes
and failure modes of composite fuselage were discussed through the test results.

2. Experiment

2.1 Specimens
The test specimens used in the test are intercepted from the fuselage section, which are completely
consistent with the real structure, including skin, seven cap-stringers and a single frame. Large-scale
composite structure is relatively expensive, and only three specimens have been manufactured for
testing in this experiment. As shown in Fig. 1, the basic shape of specimen is a curved stiffened panel
with a radius of 2960 mm, a span of 28.455 degrees, and a width of 620 mm. All parts of the test
specimen are made of IMA/M21E composite material and unidirectional carbon fiber/epoxy prepreg.
The thickness of the layer is 0.19 mm and the curing temperature is 180 C. Among them, the skin
thickness is 2.28 mm, which is made of 12 layers of the same prepreg, and the stacking sequence is
[45/-45/-45/90/45/0]s. The cap-stringer has a height of 31.5 mm and a thickness of 1.71 mm. It has
nine layers as follows: [45/0/0/-45/90/-45/0/0/45]. The shear-clip’s height is 67 mm, thickness is 2.66
mm, and the number of layers is [45/-45/0/90/-45/45/0/45/-45/90/0/-45/45]. The height of Z-frame
web is 80 mm and the width of edge is 28 mm. As shown in Fig. 2, the thickness is 1.9 mm, and the
stacking sequence is 45/-45/0/90/45/-45/90/0/-45/45].

Figure 1. Composite curved stiffened fuselage panel Figure 2. Cross section configuration

2.2 four-point bending test

In this experiment, the negative bending loading of composite fuselage curved panel was carried out
on Instron 8804 (500kn) test machine by four-point bending loading technology, as shown in Fig. 3.
The curved panel specimen is placed on two support bases of the supporting platform. The
compression load is applied by two load bases of the loading platform. Two support bases are inside
and two load bases are outside. In order to avoid local damage and instability caused by concentrated
load on the loading section of the test specimen, parts such as reinforced frame and plate are designed
to reinforce the loading section of the test specimen. The horizontal distance L between the support
seat and the bearing seat is 270 mm. If the loading force of the testing machine is F, the bending
moment M is FeL/2. In the experiment, displacement loading was used with a loading speed of 1
mm/min. There were 24 strain gauges on each specimen for capturing local strain and identifying
buckling mode. All strain gauges were pasted back-to-back, and the direction of O degree was circular
along the curved panel, as shown in Fig. 4. The strain gauge No. 1-12 is on the inner surface of the
skin. The strain measurement system is ST-16 strain acquisition system with a measurement range of
(+20000u) and a measurement accuracy of 0.5% FS.
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Figure 3. Four-point-bending test device Figure 4. Strengthening components of specimen

3.Results and discussion

3.1 buckling and post-buckling
The load-displacement curves of three test panels are shown in Fig. 5. The buckling, damage and
failure process of the specimen can be roughly analysed according to the curves and combining with
the sound recording during the test. For Panel 1, when Panel 1 was loaded to 50kN, the first load drop
occurred, accompanied by cracking sound. The second load drop occurred at 62kN, accompanied by
huge noise and continuous cracking sound, but no obvious signs of damage were found. When the test
was loaded to 64kN, the test has been stopped intentionally in order to better detect and study the
initial damage location. When Panel 2 was loaded to 60kN, the first load drop occurred, and the
decrease was 17%, accompanied by a huge cracking sound. When the load rises back to 60kN, a
second small drop occurs, accompanied by a larger noise. When the load continues to load to 71.3KN,
the third load drop occurs, accompanied by continuous cracking sound. After that, it is difficult for the
load to continue to increase, indicating that the structure was failure. The first load drop of Panel 3
occurred at the level of 66kN, accompanied by a larger cracking sound. The initial damage of Panel 3
is later than that of Panel 1 and Panel 2. However, after the initial damage of Panel 3, repeated
downloads and sustained noise appeared, indicating that it has entered a sustained period of
destruction. When Panel 3 was loaded to 71.6kN, there was a large drop and loud noise. Stringer 2 and
stringer3 of Panel 3 are completely separated from the skin, and the frame was broken, which is shown
in Figure 7.

The load-strain curves of the three curved panels obtained from the tests are shown in Fig. 6 to Fig.
8. The stability of the curved panels can be accurately analysed by using the load-strain curves. Fig. 6
shows the load-strain curve of Panel 1. It shows that the initial buckling position is near Gauge 8 of the
skin between stringer 2 and stringer 3, that is, the middle skin of the test section. The initial buckling
load is about 47.5kN, and the strain in the middle of the skin is -640ue. When the load is about 58kN,
the second buckling occurs near the Gauge 1 of the skin between stringer 1 and stringer 2, and the
buckling strain is about -919pe.

Fig. 7 shows the load-strain curve of Panel 2. It can be concluded that the initial buckling of Panel
2 occurs near Gauge 6 of the skin between stringer 2 and stringer 3. The initial buckling load is about
47.5kN, and the strain in the middle of the skin is -665ue, which is the same as the initial buckling
position, load and strain of Panel 1. When the load is about 58.5kN, the second buckling occurs near
Gauge 11 of the skin between stringer 3 and stringer 4, and the buckling strain is about -1121pe. Fig. 8
shows the load-strain curve of Panel 3. It can be found that the initial buckling of Panel 3 occurs near
Gauge 7 of the skin between stringer 2 and stringer 3, and the surface strain in the skin is -882pe. With
the increase of loads, the second buckling occurs near the skin Gauge 10 between stringer 3 and
stringer 4 at one end of the curved plate at about 63kN, and the buckling strain is about - 1443pe.
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Figure 7. Load-strain curves of panel 3 Figure 8. Debonding area of panel 1

3.2 failure mode and process

After the tests, the ultrasonic non-destructive testing (NDT) has been carried out to detect and evaluate
the damage of curved panels. Ultrasound A detection method can directly mark the damage location
and area on the specimens, and evaluate the damage status of the structure conveniently and intuitively.
Fig. 9 is the NDT results of Panel 1. It can be seen from the figure that small areas of debonding
appeared at the bottom of stringer 2 and stringer 3 near the middle area of the frame, respectively. The
Panel 1 test stopped earlier and the damage degree of the specimen was slight. The damage of Panel 1
can be used as the initial damage mode. The NDT results of Panel 2 are shown in Fig. 10. The graph
shows that stringer 3 and the skin are debonded as a whole, and the surrounding skin is delaminated in
a large area, and the edges of stringer 2 and stringer 4 are debonded to the skin. The damage of Panel 2
is much more serious than that of Panel 1. The debonding area extends from the stringer at the bottom
of the frame to the edge of the skin and adjacent stringer. The NDT results of Panel 3 are shown in Fig.
11. From the graph, the whole stringer 3 debonded from the skin, the stringer 2 and stringer 4 are
mostly debonded from the skin, and the high locking bolts connecting shear-clip and skin between
stringer 2 and stringer 4 are all pulled out and destroyed.

The damage initiation and propagation paths can be roughly clarified by comparing and analysing
the damage conditions of three curved panels. The main type of damage is the debonding of the
stringers and the skin. With the increase of load, the buckling of skin becomes more serious, and the
debonding area extends from the bottom of frame to the edge of skin, and from middle of stringer to
adjacent stringer. At last, a large area of debonding occurs in the middle of the skin, which leads to the
overall instability of the skin, and produces a large peeling stress, leading to tensile fracture of the high
lock bolt between the connecting frame and the skin, as shown in Fig. 12.
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4.Conclusion

In this paper, the pure bending test of composite curved stiffened fuselage panel is carried out by four-
point bending test technology. The stability behaviour, failure mechanism and process of the panels
are analysed and the following conclusions can be drawn:

* The buckling of the skin is an important factor leading to the debonding of stringers and skin.
With the expansion of the debonding area, the skin loses the support of the stringers and the overall
instability occurs.

« Initial buckling of skin results in debonding damage of stringers. The damage expands with the
increase of load, and then causes secondary buckling occurring in the adjacent skin. In this mode, the
debonding damage is transmitted from a stringer to a nearby stringer and more stringers.
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